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FOREWORD

This report presents the results of the detail design (Phase II)

of the Primary Adhesively Bonded Structure (PABST) program, Contract F33615-

75-C-3016. The effort described herein was performed by the Douglas Aircraft

Company, Long Beach, California, a division of the McDonnell Douglas Aircraft

Corporation, with Mr. E. W. Thrall, Jr., as the Program Manager.

This work was sponsored by the Air Force Flight Dynamics Laboratory

(AFFDL) under joint management and technical direction of AFFOL and the Air

Force Materials Laboratory (AFML), Wright-Patterson Air Force Base, Ohio.

This contract is administered as a part of the Advanced Metallic Structures,

Advanced Development Programs (AMS ADP), Program Element Number 63211F,

Project 486U. Mr. William R. Johnson is the Acting Program Manager and Mr.

"Jamle M. Florence is the Project Engineer (AFFDL/FBA) for the PABST program.

This work was performed during the period 15 October 1976 to May

1977. Acknowledgment and appreciation is given to Lt. Col. Joseph S. Ford

who served as the ADP Manager for this program during this period.
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INTRODUCTION

The use of adhesive bonding in components of aircraft structure has

increased dramatically over the last 15 years to the point where most aircraft

delivered today utilize some degree of adhesive bonding. However, these appli-

cations have been confined primarily to secondary structure where the adhesive

bond stress is a low percentage of the adhesive shear strength. This experi-

ence with secondary structure had led to the recognition that problems with

adhesive bond durability, inspection and the effects of defects must be

solved prior to the extensive use of adhesive bonding on primary structure.

Extensive government and industry exploratory development programs

over the past few years have resulted in improved adhesives, primers and sur-

face preparation, as well as improved laboratory test techniques that can

closely simulate the type and nature of service experience. In addition, non-

destructive inspection techniques for adhesive bonds have been vastly im-

proved. These developments have provided confidence that a final validation

program should be pursued to prove the adequacy of adhesive bonding for pri-

mary structure.

A series of interrelated Air Force sponsored programs have been

constructed to obtain additional bond durability data on coupons and compon-

ents, provide data on sonic fatigue resistance of bonded structure and develop

the necessary manufacturing, field and depot repair methods, and the verifica-

tion of bondline defects.

In February of 1975 the Douglas Aircraft Company, under contract
to the Air Force, initiated a technology validation program for primary

adhesive bonded structures (PABST). This program was to perform a preliminary

4 4 design, perform detail design, fabricate test articles and perform coupon,

component and full scale fatigue, static and damage tolerance testing. The

objective of PABST was to validate that application of adhesive bonding could

result in substantial cost and weight savings when compared to conventional

fabrication techniques, while providing significant improvements in structural

| I



safety and durability. The results of the Phase Ib Preliminary Design effort

are documented in Reference 1. This report documents the Phase II effort of

the detail design and analysis of a forty-two (42) foot forward fuselage

section of a Full Scale Demonstration Component (FSDC) that simulates the

configuration of the next generation of Air Force aircraft.

2



DESIGN CRITERIA

The criteria for the PABST Program contain the requirements of the

applicable military aircraft specifications with appropriate modifications

consistent with the scope of the PABST Program. These specifications include

the MIL-A-008860 series, MIL-STD-1530(USAF) and MIL-A-83444 (USAF) documents.

The intent is that the implementation of this criteria in the bonded fuselage

design will result in a structural integrity equivalent to that required for

airworthiness. The implementation will be demonstrated by test and analysis.

The criteria data are based on the projected C-15 STOL aircraft. The

basic design parameters and weights are documented in detail in Reference 1,

pages 59 through 65.

Specific criteria for fatigue and damage tolerance are presented in the

following section. Included are residual strength requirements written to

t supplement the slow crack growth criteria of MIL-A-83444 (USAF) for the PABST

metal structure and complete criteria for adhesive bonded areas developed
during Phase lb.

A,

v.3



Fatigue and Damage Tolerance Criteria - For Full Scale

Demonstration Component (FSDC) - Metallic Structure

Applicable Documents. - The following documents apply to the extent speci-

fied: MIL-STD-1530(USAF) "Aircraft Structural Integrity Program, Airplane

Requirements" (1 September 1972) except for sections: 4.2d, 4.2e, 5.1.1,

5.2.3, 5.2.7, 5.2.8, 5.2.9, 5.2.10, 5.2.11, 5.3.1.2, 5.3.4, 5.3.4.1, 5.3.4.2,

5.3.5, 5.3.5.1, 5.3.5.2, 5.3.5.3, 5.3.5.4, 5.3.6, 5.3.6.1, 5.3.6.3, 5.3.7,
5.3.8, 5.3.8.1, 5.3.8.2, 5.4 and its subsections and 5.5 and its subsections.

MIL-A-83444 "Airplane Damage Tolerance Requirements" except for Sections

3.1.1.1b, 3.1.1.3 and its subsections, 3.1.3 paragraph on fail safe structure,

3.2.2 and its subsections, and 3.2.3 and its subsections.

MIL-A-008866A "Airplane Strength and Rigidity, Ground Tests" except for

Sections: 3.6 (except as modified for STOL aircraft), 3.10, 3.11, 3.12,

3.13, 4.3.

MIL-A-008867A "Airplane Strength and Rigidity, Reliability Requirements,

Repeated Loads and Fatigue" except for Sections: 3.2.3f, 3.2.3g, 3.3.4.1c

except for environment, 3.3.4.2 environmental effects, 3.4,1.1, 3.4.4.2,
3.4.5.2, 3.4.5.3, 3.4.5.5 except real time and environment, 3.4.5.6, 3.4.5.9,

3.5.3, 3.7, 3.7.1, and 3.8.

Fatigue Criteria. - The PABST fatigue criteria shall incorporate a utiliza-

tion model considering all pertinent loadings arising from preflight taxi,

post-flight taxi including effects of reverse thrust, landing impact, verti-

cal and horizontal gusts, flight maneuvers, pressurization, thermal loads,

ground handling loads and the influence of the environment on the strengths

of the various materials.

Service Life. - The design service life and design usage of PABST are shown

exclusive of scatter factor.
Flight Service Life 30,000 Hours, 12,507 Flights and 46,194 Landings

Pressurizations 19,014

SJ
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Landings, Full Stop 29,977

Touch and Go's 16, 127

The projected equivalent utilization for fatigue analysis of the PABST

FSDC structure is given in Table 1

Design Fatigue Life. - The design fatigue life is the service life defined

above multiplied by a scatter factor of 4.0.

Service Loads and Environment Spectra. - The basic inputs to define the

cyclic loads spectra shall be as defined in MIL-A-008861A and MIL-A-008866A
modified to incorporate the higher sink rates associated with STOL type air-
craft. For the metal FSDC structure, the environment used was room tempera-

ture and laboratory air.

Slow Crack Growth Damage Tolerance Criteria - Metallic Structure. - PABST

safety of flight structure shall be qualified as slow crack growth under the
appropriate sections of MIL-A-83444 and shall be designed so the possibility'

of catastrophic failure will be extremely remote. Compliance with these

criteria shall involve residual strength and crack growth analysis and/or

tests. In addition, the structural design and analysis shall account for the

fail safe criteria in the following paragraph.

Fail Safe Criteria - Metallic Structure. - The PABST FSDC structure shall

have a fail safe capability comparable to that of commercial airplane fuse-

lages, as defined in Federal Aviation Regulation 25. The fail safe require-

ments of MIL-A-83444 Section 3.1.1.1b, 3.1.1.3, 3.1.3, 3.2.2, 3.2.3 and their

subsections will not be met since slow crack growth was used.

The structure shall be capable of withstanding (1) limit load with a two bay

crack and (2) the maximum average internal member load occurring in 20 life-

times, or limit load whichever is less, for foreign object damage as speci-

fied in the following subsections.
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Longitudinal Cracks: - The structure with a longitudinal crack shall be able
to withstand (1) a two-bay skin crack or a skin-to-longeron disbond and the

center frame (or splice) intact, and (2) a 15 inch long foreign object damage

skin crack with both the center frame (or splice) and crack arrest member (if

present) failed. For the first requirement, at least the skin crack adjacent

to a frame (or splice), where high stresses are induced from frame bending
and pressure, shall be considered. All cracks considered shall be assumed to
propagate .in both directions.

Circumferential Cracks: - The structure with a circumferential crack shall be

able to withstand (1) a two-bay crack with the center longeron (or splice)

intact, and (2) a 15 inch long foreign object damage crack with the longeron

or splice and crack arrest member (if present) failed. All flaws shall

propagate in both directions.

.8



Damage Tolerance Criteria - Adhesive Bond Areas

General Requirements. - The requirements of MIL-A-83444, for metal and me--

chanically joined elements shall be supplemented with the following require-

ments for the design of adhesive bonds joining two or more elements of the
structure. Compliance with these criteria shall be developed by analysis

and/or test. The analytical damage tolerance assessment shall be confined

to residual strength estimates. The analyses shall assume the presence

of flaws in the bond placed in the most unfavorable location and orientation

with respect to applied stress and material properties. The experimental

investigation shall be limited to distinguishing between flaws which grow and

those which do not. Thermal and humidity effects shall be accounted for.

Entire panels or parts which are improperly proc-ssed; i.e., parts with

global damage, shall be rejected. Parts with local contamination or flaws

shall be reworked to a quality in which the flaws shall not grow to unaccept-

able sizes within two airframe lifetimes.

Initial Flaw Sizes An initial flaw shall be assumed to exist in each and

every bond in its most critical location Including those highly stressed

areas resulting from variable bondline thickness. The size of the flaw shall
be the greater of (1) the minimum detectable size for the NDI technique used

on the bond, or (2) the sinallest flaw remaining ,fter a larger flaw has been

repaired. Each flaw shall be analyzed for residual strength independently

of all other flaws, either in the bond or metai. Initial flaws shall be
located so there is no interaction between them.

Bond Inspectability: - The detail design shall minimize the use of uninspec-

% ta2:t bonds and, wherever practical, shall be such as to force the first

evidence of failure into a visible or easily inspectable area. Techniques,

such as staggering the ends of the overlaps, shall be used to facilitate

inspection of the bonds. Each uninspectable bond shall be limited in extent

to a subcritical size.

9
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Flaw Growth in Bonds: - Flaws in bonds induced in service shall not grow from
initial sizes defined above to critical size within two airframe lifetimes.

All flaws large enough to grow in service shall be repaired prior to delivery

of an aircraft to preclude corrosion. In addition, bonds which contain sub-

critical flaws in areas subject to corrosion shall be sealed to provide

environmental resistance.

Fail Safe Capability:- The fail safe capability of the bonded ftructure shall

be demonstrated by test and/or analysis. The structure shall be capable of

withstanding (1) limit load with each of the following two-bay disbond

configurations:

(a) a two bay disbond in only one side of a double strap butt splice,

(b) a two bay disbond in a single strap butt splice, or single lap splice,

(c) a two bay longeron-to-skin disbond) and

(d) a two bay shear-clip-to-skin or crack-arrest-member-to-skin disbond;

and (2) the maximum average internal member load occurring in 20 lifetimes,

but less than limit load, for impact or the foreign object damage specified

as:

(a) a 15" disbond on both sides of a splice, and

(b) a 15" long foreign object damage skin crack with both the center
frame (or splice) and the crack arrest member failed or with both

the longeron (or splice) and crack arrest member failed as applicable.
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FULL-SCALE DEMONSTRATION COMPONENT

The Full Scale Demonstration Component (FSDC) simulates the forward

section of the C-15 airplane fuselage from station 367 to 871. The entire

FSDC will be cantilevered from the aft test fixture. The FSDC general

arrangement is shown in Figures 1 through 5.

SIMULATED WING
PRESSURE BULKHEAD WINDOW SSEMBLY

STA STA FIGURE 2 STA STA
STA 367 439 N 703 STA S STA 871

! ,II I -.

iFCIRCUMFERENTIAL

SPLICES

FIGURE 2 STRONGTCACKC(NONPARTICI PATI N G

FIGURE I. FULL-SCALE DEMONSTRATION COMPONENT
(L•FT SIDE vcW)

The FSDC is a 42 foot long test component consisting of a nose section,

forward of station 439, and a cargo compartment section, aft of station 439.

Most of the fuselage shell is cylindrical with a constant 108 inch radius

circular cross section starting from station 516 and extending aft to station

871. Forward of station 516 to station 367, the shell is circular in cross-

sectional shape, while the lofted shape from station 367 to station 516 is a

circular drc.
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Figure 5 shows the simulated wing to fuselage connection. The simulated
wing is basically a box comprised of front and rear spar assemblies, a lower
skin panel, and end bulkheads. The wing box is open on top with axial load
carrying members (links) to transmit loads in longerons I and 4 across the wing.

S REAR SPAR

FRONT SPAR STABILIZING WEBS PR RM

- LINK

OF FUSELAGE -

L-4'.

~ STA 748.000

~ END BULKHEAD

.r TRAPEZOIDAL PANEL

\\ ~ FRONT SPAR
A, FRAME

L4a
~TA~IMW~NTEE~ STA 703 000

FIGURE S. SIMULATED WING ASSEMBLY AND WING/FUSELAGE INTERFACE
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The forward end of the FSDC is attached to a steel dome shaped

pressure bulkhead. The bulkhead is counterbalanced and contains a hatch for
entering the FSDC for inspection. The fuselage is joined mechanically to the

bulkhead with a double lap splice as shown in Figure 6. Doublers are bonded

to the skins to make a total thickness of 0.35 plus bondlines. The fatigue

stress level (typically about 1100 PSI) at the joint to the forward pressure

bulkhead is one seventh that in the participating test structure. The design

of the joint is similar to that used on preceding aircraft test articles which

successfully withstood a greater number of fatigue cycles without the addi-

tional benefit of bonded doublers in addition to the mechanical fasteners.

The joint dt the aft end of the FSDC has similar integrity. Shims are added

to the pressure bulkhead on assembly in order to match the bulkhead to the

fuselage. Intercostals, also shown in Figure 6, provide stabilization for

the frame at station 367. They are located at the bottom centerline, tear

stopper 2, tear stopper 3 (right side), splice 13 (left side), and at longerons

(longs.) 1, 4, 8 and 9.

The aft end of the FSDC is supported by the test fixture at station

871. Circumferentially, the fuselage skin and doublers pick up two formed

angles which are secured to the test fixture by two rows of 1/4" attachments,

in Figure 7. Additional support of the FSDC at the test fixture is provided

by machined supports at longeron locations and intermediate locations, as

shown in Figure 8. The FSDC floor planks pick up a horizo.,tal beam located

at floor level in the test fixture as shown in Figure 9. The cargo compart-

ment floor extends aft from station 367 to station 875 at a constant height,

Z = -75.654. The floor planks are omitted two feet from each side of the

centerline for the full length of the fuselage; i.e., the extruded floor

planks extend from X = +25 to the side of the fuselage. This open area located

at the fuselage centerline provides easy access to the under floor area for

manufacturing, inspection, engineering and test personnel. Keel members

(extruded channels) are located below the cargo floor and mechanically

fastened to the web of the frame at X - +25 through shear clips.

A plug type, honeycomb, crew entrance door is located on the left

16
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3/16-INCH DIA FASTENERS
% ~BONDED DOUBLER.- (TYPICAL)

• -"•1/4-INCH DIA

!• :FASTENERS 4

I•'I -SHIMS /

PRESSURE BULKHEAD
(STEEL)

S0.050 FRAME.• •. SA

379
SL.. INTERCOSTAL

A0.090 FRAME-

STA
367

FIGURE 6. FORWARD FSDC ATTACHMENT TO PRESSURE BULKHEAD

side between the cargo compartment floor and longeron 9 in the nose section

between stations 391 and 427.

A nonstressed window installation is provided on the left side of

the fuselage Just below longeron 9 between stations 559 and 571. The

"window" is a cutout (8.50 inch dia.) in the skin with an aluminum sheet

simulating the clear plexiglas window.
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TEST FIXTURE
SEE FIGURE I

~1 ANGLE

FUSELAGE SKIN AND DBLR

3/16 DIA ATTACHMENT S

STA
871.000

FUSELAGE SKIN AND DOUBLER

114 DIA DOLTS

FIGURE 7. TYPICAL PSOC TO AFT FIXTURE ATTACH
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MACHINED~

SUPPORT

SUPPORT

,.-FUSELAGE SKIN
AND DOUBLERS

INTERNAL
ANGLEEXTERNAL
ANGLEANGLE

(2 PLCS)

MACHINED
SUPPORT

FUSELAGE SKIN
AND DOUBLER

ANGLEJ
TEST FIXTURE

FIGURE 8. TYPICAL LONGERON TO AFT FIXTURE ATTACH
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TEST FIXTURE
SEE FIGURE I

HORIZONTAL BEAM

FLOOR PLANKS

VIEW LOOKING DOWN

STA 81

!i• m~~~-- .. .. 1
FLOORPLANKHORIZONTAL

FIGURE 9. FLOOR BEAM TO AFT TEST FIXTURE ATTACH

20



S. . ... . .. ..... . ., !•

DETAIL DESIGN

The structural members and assemblies that make up the Full Scale Demon-

stration Component (FSDC) were designed to the static, fatigue and damage
tolerance criteria established during the preliminary design phase. Since

minimum cost was a PABST goal, the frames and longerons were sized to carry
the design loads with the least number of different extrusion shapes. Mechani-

cal fastening was kept to a minimum within the limitations of manufacturing

capability and the availability of sheet stock. The mechanical splices were

designed and tested early in the program to the Full Scale Demonstration

Component (FSDC) stress levels and demonstrated that they exceeded the four

lives of fatigue and the damage tolerance criteria of MIL-A-83446. The strength

criteria and the ease of assembly determined the type of splice selected.

Intercostals were added to stabilize all frames and to provide axial load

capability to the nose section.

i21
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Skin Splices

The FSDC has both mechanical and bonded skin splices in the longitudinal

and circumferential directions. The splices were designed to meet the static

ultimate loads and the fatigue and damage tolerance criteria described in the

Design Criteria Section.

All fasteners that penetrated an adhesive bond line on an exterior skin

were installed with wet sealant and the faying surfaces sealed with MIL-S-

81733 sealant. This procedure ensured a pressure seal and protected the

joint from moisture intrusion.

Mechanical Skin Splices. - The FSDC bonded panel assemblies were sized to

minimize the number of mechanical splices. The primary constraint was the

maximum circumferential panel assembly dimension that could be bonded in the

PABST autoclave. In addition to the facility limitations, the consideration

of manufacturing "breaks" for a production fuselage was included.

As a cost reduction, the longitudinal skin splices were all single over-

lap designs except for the top centerline splice at longeron I that was a

synnmetrical double lap butt configuration. The butt splice selection was

based primarily on reducing cost by providing a panel assembly that was

symmetrical about the FSDC centerline.

Designs were evaluated to determine the most efficient longitudinal

mechanical splice configuration. The factors considered were cost, structur-

al efficiency, inspectability, and ease of assembly, All of the FSOC mechani-

cal splices in the study used a combination of .188" diameter mechanical

fasteners and MIL-S-81733 Type IV-12 (PR 1431G) sealant on the faying surface *

of the skins to prevent moisture entrapment and corrosion as weBl as for.

pressure sealing.

For the longitudinal splices between bonded subassemblies, possible

configurations included: (1) conventional symmetrical multi-row double-strap
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mechanical butt splices (2) single-lap purely mechanical splices (3) single-

lap splices with fasteners and hot-bonded doublers for the reinforcement of

the most highly loaded rivet holes, and (4) variations of these cases. These

options were reduced to a single lap unsymmetrical mechanical splice and a

symmetrical double strap splice for the FSDC.

Longitudinal.Single Lap Unsymmetrical Splice: - Typical FSMC single lap mechani-

* cal splice designs are shown in Figure 10. In all three examples, the fasten-

ers through the stiffener are 3/16 inch bolts while the upper and lower rows

contain half as many fasteners and they are 3/16 inch rivets. Longeron 8 is

bonded to the lower skin as shown in the Figure, and a bonded doubler is used

to improve the life of the splice. The doubler is external so that the skins

make direct contact with each other in order to minimize load path eccentric-

ity. The methods of minimizing the induced bending stresses due to load path

eccentricities are discussed in the section on Adhesive Bonded Joint Analyses.

The upper three rows of fasteners are countersunk into the doubler, while the

lower row is countersunk into the .050 skin. The net section stress in the

skin is lowest there and the countersunk skin does not become the weak link.

Reinforcing the skin there with the doubler would attract more load to that

row of rivets and cause the lower skin to fail there at a reduced number of

cycles. Countersinking the ,050 skin at the upper row of rivets would also

have caused early failure since the upper skin has the highest net section and

bending stresses at this point.

The splice at long.9 is similar to that just discussed except that it is

not necessary to reinforce the upper skin at the upper row of rivets since the

skin thickness is .071 there. Also, the heavier longeron is not bonded to

the lower skin.

At long. 13 the external longeron is bonded to the upper skin and the re-

inforcing doubler is bonded to rhe lower skin. This splice uses three rows

of fasteners, the lower row being a half row of rivets as shown in the figure.

The longeron reinforces the first row of bolts where the net section stress

is the highest. This produces a modest gain in life over the other splices,

however the life of the other splices is 5.2 times better than the required

design life, based on test.

24
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Longitudinal Symnetrical Double Strap Butt Splice: - The double strap butt

splice is shown in Figure 11. A 0.040 x 4.00 doubler of 2024-T3 was installed

on the inside surface of the upper skin where the two full rows of attachments

were located in order to increase the skin bearing allowable. The doubler

also acted as a reinforcing member for the skin where the shear tees stopped
short of the longeron and created stress risers locally in the skin. The

splice consisted of four full rows of steel huck bolts and two half rows of

rivets with the manufactured head on the inboard side of the skins and an

820 countersink on the exterior surface of the skins.

For maximum efficiency with the protruding head fasteners of the double

strap joint, each strap should have half the extensional stiffness of the skins

being joined, However, this requirement was incompatible with the need to

avoid knife-edging the fastener holes in the outer strap for flush fasteners.
Therefore, the load between the fasLener rows was shared unequally by thick-

ening the outer strap for countersinking.

Circumferential Single Lap Butt Splice: - The circumferential skin splices

were designed to provide a flush exterior for aerodynamic considerations as

shown in Figure 12. An 0.016 2024-T3 doubler was bonded to the inside of

the 0.050 skin to permit flush fasteners above the cargo floor. Two full

rows of lockbolts on each side of the butt splice pass through an 0.071

splice plate, an 0.032 splice plate and the outer skin. The inner row of

lockbolts also attaches the circumferential frbme and provides additional

transition of the butt splice load. Like the longitudinal single lap splice,
the outer riveted row contains only half as many as were in the inner riveted

rows.

FSDC Splice Selection: - The single lap splice was found to be superior to

the synvnetrical double strap butt splice from design, strength and marufac-

turing considerations as follows:

26
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0.063 2024J3l CLAD SEALANT
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& .00..
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4 FIGRE 11 TYPCAL MECHANICAL DOUBLE STRAP BUTT SPLICE
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STA 523
0.016 2024T3
BONDED DOUBLER SPLICE

2.87

.F.071000SIN

VIEW A

TYPICAL ABOVE FLOOR FOR FLUSH FASTENER
(SKIN AND DOUBLER ONLY SHOWN)

CIRCGUM F ERENTIAL
MECHANICAL SPLICE
iSTA 523 ONLY)

0.188 DIA RIVET 0,188 DiARIVET

0A188 DIA LOCKBOLT

- ~ FLOOR)

NOTE FASrENERS ARE FLUSH4 ABOVE THE CARGO FLOOR (L.ONGEIRON 101 AND PRO.
TRUDING HEAD BELOW FLOOR IN THE EXTERNAL LONGERON REGOION,

FIGURE 12, CIRCUMFERENTIAL MECHANICAL SPLICE
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(1) For the static load case, the attachments in the single lap splice

were capable of carrying approximately 3500 #/in. while those in the double

strap splice were good for only 1800 #/in. in the 0.050 gage skin.

(2) For the fatigue loads, a single lap test specimen, representative of

a current Douglas commercial airplane, lasted 500,000 cycles at 14,000 psi

skin stress.

(3) Only half as many fasteners were needed since the connection was

direct instead of through intermediate members.

(4) The single lap splice was much easier to assemble and did not need

as many straps.

(5) The single overlap eliminated the need for trimming on assembly

which was required by the butting of the skins in the double strap splice.
This resulted in the removal of the protective anodize and primer on the

skins in the double strap configuration.

(6) The single lap splice permitted easier countersinking of the flush

fasteners.

(7) The single lap splice was relatively simple to inspect in compari-

son with the double strap splice.

The only disadvantage of the single lap splice was the load path

eccentricity discussed previously in this report. A generous overlap distance

of 4.25 inches (85t) was used for the 0.050 inch skin to minimize the problem.
Consequently the single overlap splice is slightly heavier than a double Z

strap joint of equivalent life.

In summary, the single-lap splice employed at the manufacturing breaks

of the PABST FSDC was cheaper than the conventional symmetrical double strap

butt splice with two rows and two half rows of fasteners instead of four and

four half rows. It was also more resistant to corrosion since all faying

surfaces were sealed with hot bond or PR143lG sealant. No anodized/primed

29
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areas were trimmed on assembly. In addition, this design had more than

adequate life.

A conventional symmetrical double-strap butt splice was used at the top

center of the fuselage to make the design symmetric. There was no need for

breaking the protective BR127 primer for this particular splice by trimming

on assembly since the tolerances could be absorbed at the adjacent single-lap

splices in the FSDC.

Bonded Skin Splices. - The PABST design employed one or more bonded splices

within each subassembly, the number and location depending on the availabil-

ity of the skin stock. As stated in the previous subsection, the skin was

broken up into the minimum number of segments compatible with the size of

the autoclave.

The bonded splices included: (1) double-strap longitudinal butt splices

(inner and outer) straps) in Figure 13, and (2) flush single-strap circum-

ferential butt splices with laminated inner straps only as shown in Figure

13. The designs were based on both elastic-plastic analysis and on test data.

To obtain maximum bond strength of the double-strap butt splice, the

inner and outer straps should be half the skin thickness of the panels being

joined. The mechanical testing of such splices in the PABST program confirmed

there would not be any bond failures for environmentally resistant adhesives.

However, the splice strap failed consistently by metal fatigue, although

the skin and strap membrane stresses were nominally the same. To improve

splice efficiency for the skin gages of interest (i.e., less than 0.1 inch

thick), splice straps were thickened by one gage above the ideal half-skin-

thickness value. The overlap was designed to provide sufficient plastic

zones in the adhesive at the overlap ends to utilize the full metal

strength to transfer the load. The middle elastic trough inherent in the

adhesive bonded joint was designed to be long enough to ensure that this

middle section of the adhesive would resist creep by remaining unloaded.

The total overlap distance was then set as the sum of the two plastic end

30
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LONGITUDINAL BONDED SPLICE

AA

CIRCUMFERENTIAL BONDED SPLICE
ISTA 703 ONLY I

FIGURE 13. LONGITUDINAL AND CIRCUMFERENTIAL BONDED BUTT SPLICE
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zones and the elastic trough in the middle, see Reference 1. A typical bonded
longitudinal splice is shown in Figure 13.

Figure 13 also shows a typical bonded circumferential splice. The

analysis capability for such a splice is not as ccmprehensive as for the

longitudinal splices due to the non-linearities induced by load path eccentri-

city. However, the available analyses satisfactorily predicted the bending

stresses in the strap where the skins butt together and in the skins where the

splice ends. The associated adhesive peel stresses at the same locations
were also obtained. The analyses showed that these splices were very sensi-

tive to I/ ratio. A spliced panel was tested having the same I/ ratio of

33:1 as for an equivalent mechanical splice, Reference I page 185. The test

confirmed the high induced bending stresses predicted by analysis. This high

stress was the result of the splice being forced to bend sharply where the

skins were butted together. It should be noted that in an equivalent mechani-

cal splice, the splice can deflect smoothly over the gap between the inner row

of fasteners thus reducing the bending.

The test panel sustained the loads for the required life but the fail-

ure was catastrophic and without warning. The splice plate fractured where

the skins butted together and the two longerons disbonded. Failure initiated

at an 0.4 inch fatigue crack on the visible side of the splice and at an 0.7

inch crack on the opposite side under the adhesive. As a result of this test,

the PABST /t ratio was increased to 50:1 to reduce the bending stresses, In

addition, the splice plate was laminated instead of being tapered-from thicker

stock. Aerodynamic drag considerations precluded use of the stronger double

strap joint with a transverse external strap. The basic problem with flush

joint is that increased reinforcement also causes greater load path eccentri-

city.

Coupon testing during the PABST developnent phase showed that adhesive
bonds fail progressively if the attached metal is maintained at, or in excess

of, the yield stress. It should be noted that this is a sustained load

problem. The same Joint could withstand loads up to the metals ultimate

strength if the load is applied rapidly. This phenomenon must be accounted

for in the design of bonded splices for production aircraft by using the metal

yield strength as the design allowable strength.
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Longerons

Two basic longeron cross sections were used for the FSDC. The

internal longeron shape is a J-section and the external longeron shape is a
bulb tee.

The J-section was selected in preference to the more efficient (in

compression) Z-section since it was better suited for the bonding process

adopted for the PABST Program. The bonding pressure applied to the outstand-

ing flange of the J-section produces a more uniform bonding surface pressure

when the flange against the skin is symmetrical with respect to the upstand-

ing web. See Figure 14 for the detailed cross sectional shape. In addition,

the symmetrical constant thickness flange with a chamfered edge provides

the necessary flexibility at the edge to minimize peel action while providing

the right angle intersection of the upstanding leg and flange for the mechani-

cal splice of the longeron. The constant thickness was preferred for NDI for
ease of inspection. The height of the longeron was selected on the basiý of

the minimum required for the splice and for adequate section properties.

For additional details on the selection of the J-section see Reference 1.

The bulb T-section was selected over the other candidate shapes for

the external longeron because it possessed more desirable features, including
aerodynamic properties, than the other shapes while having a compression alloý-

able strength nearly equal to the J-section. The'cross sections were evaluated

for ease of manufacture, assembly, repair, inspection and simplicity of design.

For additional information see Reference 1.

I3
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FIGURE 14. INTERNAL AND EXTERNAL LONGEONS
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Frames

Frames are required for circumferential stiffening of the fuselage shell.

Spacing of the standard frames for the PABST FSDC is 24 inches. This spacing

was that of the Baseline fuselage design, Reference 1. It did not appear

possible to obtain a single optimum frame spacing for both the wide spaced

and the close spaced longeron regions. The intermediate frames on the side

panels are located mid way between the standard frames; i.e., 12 inches.

Typical Frames. - The typical frame cross section as selected for the FSDC and

shown in Figure 15, was tailored to provide an acceptable structural section at

minimum cost. The preliminary loads which were available at the beginning of

the Detail Design Phase indicated that an overall frame height (skin inner

surface to inner cap of the frame) could be 4.95 inches. However, the use of

a new sheet metal frame cross section would have meant new stretch form dies

with attendant high tooling costs and adverse schedules impact. The selected

frame for the FSDC measures 5.78 inches in overall height. This dimension was

chosen so that existing tooling used to stretch form sheet aluminum frame

details for the YC-15 fuselage could be utilized.

A frame tee with cutouts to provide longeron continuity is bonded to the

skin. A Z-section frame is attached to this shear tee by means of 0.188 inch

diameter rivets spaced about 1.0 inches on center, Mechanical splices for

the frames are staggered with respect to skin splices as shown in Figure 2.

Frame/shear'-tee height is 4.95 inch in the nose section and 5.78 incl in the

cargo compartment section as shown in Figure 15. In the nose section the frame

thickness is 0.050 inch and 0.063 inch in the cargo compartment except under

the wing where it is 0.080 inch. The frames are rolled 7075-46 material. The

floor support bulkhead frames are extruded 7075-T6 channel sections. The

frame shear tees are 7075-T6 extruded T-sections.

Front and Rear Spar Frame Segments. - The fuselage frames at station 703 and

station 847 are integrally stiffened numerically machined frames. They are
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shown in Figure 16. These 7075-T411 frames are milled from 8.50 x 60 x 200
inch aluminum hand forgings and subsequently heat treated to a 7075-T73

condition.

Vertical loads from the wing front and rear spars were introduceu into

these frames and eventually sheared out into the fuselage side panels, Figure

5. On the Full Scale Demonstration Component, a vertical load simulating

the wing aerodynamic lifting reaction was applied directly to the frame post

at station 703. This procedure greatly simplified the design and construction

of the wing assembly without adding extra design requirements to the frame.

o.
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Frame and Longeron Intersections

PABST panel tests have demonstrated that the design of the frame-
longeron intersections is of major importance for all load conditions. The
most critical FSDC design problem is where the frame shear tees are notched

to permit the internal longerons to pass through uninterrupted.

Two notched shear tee designs for the internal longeron region were
fatigue tested using stiffened flat panels (Reference 1, page 194). One
design had the interrupted shear clips terminating on the skin. Fatigue

cracks initiated at each frame/longeron intersection, grew together rapidly,

and failed the panel. An artificially induced crack next to the longeron

and halfway between the frames grew slowly by comparison and did not attain

critical length. The second design had the shear tee notches terminating on
a splice doubler instead of the skin alone. No fatigue cracks initiated.

The frame-bending test panel (Reference 1) developed adequate strength

but failed by crippling '(he outer frame flange over the longeron as soon as
the skin to shear clip bond had begun to fail. A much lighter panel could

have been made to withstand those same loads by improving the continuity of

load path at that intersection.

Significantly higher shear and compression allowables were developed
in test panels with external longerons; i.e., un-notched shear tees, than

for internal longeron reinforced panels. The shear panel test results of
Reference I show that for the same skin thickness the shear allowable was 18

percent higher for the external longeron. The allowable shear stresses for
the external and internal longeron stiffened panels were 30,700 psi and

25,300 psi respectively.

The detail design of a notched frame shear tee should, therefore, mini-

mize: (1) the crippling of the unreinforced outer flange of the frame at

the intersection, and (2) the transfer of tensile load from the notched shear

clip into the skin to prevent fatigue cracking next to the longeron.

addition, the cross sectional area of the interrupted stiffener must be
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accounted for in determining .the required bond width to preclude disbonding..

In short, the panel strength of a bonded stiffened panel is even more criti-

ally dependent upon the details of the stiffener intersections than is the

case for riveted construction.

The notched shear tees of the FSDC were designed with bonded doublers

under the internal longerons or bonded doublers on the exterior of the skin

to minimize skin cracking. However, the frame outer flanges were not rein-

forced. The general PABST design philosophy has been one of minimum rein-

forcement of known deficiencies only.

The weight of the fuselage shell structure design could be reduced by re-

inforcing the interrupted stiffeners to be equal in strength to the unnotched

basic structure and then lightening the remaining structure to the requirements

of the next lower failure mode.

Intersections. - A typical intersection in the cargo compartment for frames

and internal longerons is shown in Figure 17. A 2024-T3 aluminum tear stopper

:,. v 7 is bonded under the longeron. The frame tee is cutout at this intersection

to allow for the longeron. It is joggled to fit on top of the tear stopper

to ensure that a continuous load path is attained across the cutout. A

mechanically fastened shear tee ties the longeron to the frame to provide

rolling stability.

On the sides of the fuselage shell where the longerons are wide spaced,

intermediate frames are provided between the 24 inch spaced frames. These

intermediate frames run from longeron 8 to longeron 10 (cargo floor plane).

A typical intersection for an intermediate frame at longeron 8 is shown in

Figure 18. The Internal mechanical splice plate at longeron 8 is cutout to

fit ever the intermediate frame tee when the skin panels are mechanically

joined together. Two back-to-back splice angles tie the intermediate frame

and the longeron 8 flange together with 0.188 inch diameter lockbolts.

A typical intersection for the nose frame and longeron is shown in Figure
19, The tear stopper ends at the base of the frame tee and the longeron ex-

tends over and is bonded to the base of the frame tee. In addition, two
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steel bolts fasten the longeron, frame tee and skin together. After the

assembly is hot bonded the frame is mechanically fastened to the frame tee

with aluminum rivets.

A typical intersection for the nose frame and bonded skin splice is

shown in Figure 20. The nose frame tee stops short of the skin doublers.

The skin, skin doublers, and frame tee are hot bonded together. After bond-

ing the frame is installed with aluminum rivets. Two back-to-back angles

and a filler plate are used to splice the frame tee across the bonded skin

splice. Flush 0.188 inch diameter lockbolts tie the angles to the frame tee.,

skin, and skin doublers. Aluminum rivets tie the angles and filler plate to

the vertical frame tee and frame web.
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Intercostals

The intercostals are installed in various locations throughout the FSDC

* as shown in Figure 21. They were physically designed to function as frame
stabilizing members (Figures 22 & 23), axial load carrying members (Figure 24),

floor-to-fuselage shell shear tie members (Figure 25), and door jamb stabiliz-
ing members (Figure 26).

The frame stabilizing intercostals are located (a) in every other bay in

areas where the frames are full depth (Figure 22) and (b) in areas where the

shallower depth intermediate frames are installed (Figure 23), and (c) also
located between every frame from station 679.000 to station 847.000 and

positioned below the lower wing skin. These intercostals function as closing

members for the under wing doubler. They also provide a reaction point for the

frame stabilizing channel located forward of station 679.

The design of the frame stabilizing channels was straight forward with

a minimum number of intercostal parts thereby reducing costs and weight. This
design can only be applied where the eccentric load transmitted to the channel

is held to a minimum. This is only found in the constant section of the FSDC

where it is an inline longitudinal configuration.

Axial load carrying intercostals (Figure 24) were located between stations

367 thru 451 in the non-constant section where longerons were not present to
carry axial loads. Obviously, these intercostals also function as frame

stabilizers.

The floor intercostals were provided to transmit the floor shear loads -

into the fuselage shell as shown in Figure 25. For a further discussion, see
the section on floors.

Door jamb intercostals (Figure 26) located around the door cutout

are designed to give a solid reaction point for the door stop from the load

transmitted by the door. The intercostals also stabilize the adjacent door
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jambs and jamb frames.

In the area between stations 439 thru 871 and bounded by longeron 8 on
the left side and longeron 8 on the right side, the longeron frame attach

clips stabilize the frame, consequently no intercostals were required as

shown in Figure 21. Below the floor and between stations 439 and 871, longer-

on 13 left side and longeron 13 right side, a channel member (keel) stabilizes

the frames,

The structural arrangement of all intercostals is basically the same.

They are made up of (1) clips that attach to the frames, (2) a tee that is

bonded to the skin and attached to the clips, (3) an intercostal angle that

is mechanically fastened to the tee and clips, (4) a gusset attaching the

intercostal angle to the frame, and (5) a filler.

The fillers occupy the gaps under the tees which allows the tees to be

made in straight pieces without joggles to reduce manufacturing costs. The

fil~ers are designed to overlap on the skin approximately 1/2 inch beyond

each side of the tees to simplify and aid inspection. Skins that required

chem- milling for doublers, etc., also utilized the extra available skin

thickness to provide chem-milled steps where the filler would normally be

placed under the tees. Consequently, separate bonded fillers were unnecess-

ary on these panels.
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FIGURE 21. INTERCOSTAL LOCATIONS
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Tear Stoppers

Tear stoppers were located around the fuselage in a longitudinal

orientation to satisfy the slow crack growth and residual strength require-

ments per MIL-A-83444" Airplane Damage Tolerance Requirements." Fail safe

capability is equivalent to Douglas commercial airplanes currently in service.

Tear stoppers were required in the wide spaced longeron side panels only. The

close spaced longeron upper and lower skin panels did not require tear stoppers

because the panel dimensions were such that the criteria flaw did not attain

critical dimensions in the transverse direction. Cracks in the longitudinal

direction were effectively stopped by the bonded frame shear tees. Tear

stoppers are discussed in detail in the Damage Tolerance section of this report.

Three 7475-T761 bonded longitudinal tear stoppers, 0.071 in. x 3 in.,

are provided externally on the side where the longerons are wide spaced in

the forward fuselage as shown in Figure 27). Two tear stoppers, approximately

27 inch spacing, are located between longerons 8 and 9. The panel assembly

between longerons 9 and 10 has one tear stopper below longeron 9, approximate-

ly 30 inch spacing, and a bonded longitudinal splice which functions as a tear

stopper located close to longeron 10. The constant section of the fuselage

has two. 7475-T761 bonded tear stoppers located on the wide spaced side panels.

The panel assembly between longerons 8 and 9 has one tear stopper plus a

bonded longitudinal skin splice which functions as a tear stopper. The panel

assembly between longerons 9 and 10 is similar to the previously described

panel between longerons 8 and 9. For additional information see the discussion

on tear stoppers in the Trade Studies Section titled Damage Tolerance Parametric

Studies.
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PANEL DESIGN

There are three different types of skin panel designs on the FSDC. These
are the internal close spaced longeron panels located at the upper half of
the fuselage, the external closed spaced longeron panels located in the

lower section of the fuselage and last the wide spaced longeron panel located

at the fuselage sides. Figure 28shows the locations of all panel boundaries

as well as their relationship with one another.

Panel boundaries were situated at the maximum dimensions based on manu-

facturing and tooling constraints, existing autoclave size limiting panel arc
length to 113 inches, the fuselage configuration requirements and vendor

manufacturing constraints based on the skin width of 94 inches for 0.050 inch

thick skin. These limitations are best represented by the following panels.
Panel 5A and 14A, first panels installed in the fuselage assembly fixture,

were designed to be cradled in this fixture thus eliminating the bottom

center line splice and therefore simplifying toolIng, The panel widtn con-
straint was thus based on the maximum skin width of 94 inches. Due to auto-

clave width limitations and a natural manufacturing break at longeron 8,

panels 1A, IB, 9A, 9B were butt spliced at the top center line of the fusel-

age. 3A panel had special constraints imposed on it, Besides limiting its

size to the autoclave dimensions a large door was designed into this panel

of sufficient size to allow for the passage of an integrally bonded upper
jamb header. A circumferential mechanical splice was provided at the boundary

between the constant section and the double contoured nonconstant section to

simplify tooling requirements as well as to simulate an actual manufacturing

break that nomnally would be required for a production fuselage. Due to the

massive loads introduced from the wing and main landing gear it was necessary

to allow for the continuation of the one piece hand forged frame segments to

pass through the fliselage skin panels. Therefore a panel boundary was

designed at station 703 and station 847.

The minimum skin thickness over the entire fuselage was set at 0.050 inch
based on foreign object damage criteria. To satisfy fatigue criteria for the
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FSDC, 2024-T3 bare aluminum alloy was chosen for all skins and doublers. The
skin thickness ranges from a minimum of 0.050 inch in the area forward of
the wing to a maximum of 0.10 inch near the rear spar frame where shears are
high due to the landing loads induced by the main landing gear and to the
flight loads induced by the wing,
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Constant Section Panels

The constant section extends from station 523 to 871 at the strong back

test fixture as shown in Figure 28. All longerons and frames are continuous

to station 871 except at the interface of the simulated wing assembly and

fuselage. Longitudinal mechanical splices are positioned at longerons 1, 8,

9 and 13. At station 523 the constant section panels are butt spliced to the

non-constant section with mechanical fasteners.

Internal Longeron Panels. - A typical close spaced internal longeron panel

assembly 9A, is shown in Figures 29 and 30. The panels extend from station

523 to station 720 and from longerons L-8 left to L-8 right. The panels con-

sist of left and right bonded assemblies and are joined mechanically at

longeron 1. Each bonded assembly is stiffened longitudinally by extruded J-

section longerons and bonded internally with tear-stoppers under each long-

"eron for failsafe requirements. These 7075-T6511 extruded aluminum longerons

-are spaced approximately 15 inches on center. Typical dimensions for the

internal J-section longerons are shown in Figure 14. Due to the size of the

panel a longitudinal bonded skin splice is provided at L-4. The basic skin

thickness is 0.071 that is chem-milled to 0.060 inches between longerons in

the for'.ard half of the panel where skin shears and axial loads in the long-

erons are relatively low. Additional doublers are bonded externally to the

aft end of the panel to carry the high shear load induced from the front spar.

Machined fittings in longerons 1 and 4 are transferring loads from the links

across wing cavity to the fuselage shell are installed mechanically as shown

in Figure 29. Frame tees spaced 24 inches froin station 535 are bonded to the

skin. They are locally cut out for each longeron and are Joggled on top of

the teir-stoppers to minimize fatigue problems in the skin. A typical frame

tee anu internal longeron intersection is shown in Figure 17.

External Longeron Panel. - A typical close spaced external longeron panel

assembly 14A, is shown in Figures 31 and 32. This panel extends from station

523 to station 871 and from longeron 13 left to L-13 right. It measures ap-

proximately 8 ft wide x 29 ft long. The longerons are bulb T-sections that were
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previously discussed. Typical dimensions for a basic external longeron are

shown in Figure 14. The longerons were spaced approximately 13.5 inches on

center except additional external longerons were added at the end of the panel

to carry the high compressive axial loads induced by the test external load

conditions. Internal and external doublers are bonded to the aft section of

the panel to provide an interface with the strong back test fixture. Due

to the excessive length of the panel, a transverse bonded skin splice was

located at station 703 as shown in Figure 13. The longitudinal mechanical

skin splice at L-13 was previously discussed and shown in Figure 10. Cutouts

are not required in the bonded frame tees due to the external location of

the longerons. This eliminates a chronic problem that arises at the frame-

longeron intersection with internal longeron panels.

The external longeron panel also has a 0.375 inch diameter hole in every

bay to provide drainage for water or bilge fluid that may accumulate in the

bottom of the fuselage.

Wide Space Longeron Panels. - A typical side panel 12A, with wide-spaced

longerons is shown in Figure 33 and J4. All the side panels are similar to one

another in their structural arranqement. Longerons are wide spaced from L-8

to L-9 and from L-9 to L-l0. In the longitudinal bonded skin splice, the

external splice doubler is uninterrupted over the entire length of the panel

while internal splice doublers are interrupted and joggled on top of frame
tees. 7475-T761 external tear-stoppers, 0,071 x 3.00 wide, are bonded

longitudinally to provide added fail-safe capability in these panels. Addi-

tional frame tees and light frames between full depth frames are also provided

in order to increase the initial buckling strength of the skin. Intercostals

and straps are located between longerons to stabilize each frame.
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Non-Constant Section Panels

Al1 longerons and frames aft of and including station 439 are identical

and/or similar to the constant section panels. All the longerons end at

station 439. Forward of station 439 at longerons 1, 4, 8 and 9, full depth

intercostals provide axial load capability for the panel (see Figure 21). The

frames aft of station 439 are similar to the constant section frames in size

and spacing. The frames at station 439 and forward are full depth as shown

in Figure 9 and are spaced at 12 inch intervals.

Internal Longeron Panel. - A typi-a1 close spaced internal longeron panel

assembly, IA, is shown in Figures 35 :- 36. The bonded assembly shown and

its opposite assembly are joined mechanically at longeron 1. This assembled

internal longeron panel section extends from station 523 forward to station

367 and from L-8 left to L-8 right. The bonded skin splice at L-4 forward

of station 439 contains a continuous 2024-T3 external splice, .050 x 3.50

inches, and a discontinuous internal splice of the same dimensions. The

internal splice is located between the frame tees and is also used as a filler

as shown in Figure 35, for the intercostal tee that is bonded across the

frame tees. The mechanical splice at L-1 forward of station 439 is shown in

Figure 11.

External Longeron Panel. - A typical external longeron panel assembly, 5A, is

shown in Figures 37 and 38. This panel extends from station 367 to 523 and

from L-13 left to L-13 right. It is similar to the upper panel except that

the longerons are bonded on the outside surface of the skin. The longerons

are bulb T-sections identical in cross section to the external longerons used

in the constant section. The frame shear tees are continuous without inter6

ruption. This panel has 0.375 inch diameter holes near the bottom centerline

in every bay to provide drainage for water or bilge fluid that may accumu-

late in the bottom of the fuselage.

Wide Spaca Longeron Panel. - A typical side panel with wide spaced longerons

2A, is shown in Figures 39 and 40, This panel extends from station 523 to

367 and Irom bonded longeron 8 to mechanically fastener longeron 9. The
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one piece skin is 0,050 inch 2024,.T3 bare aluminum alloy, The two 7475-T761

tear stoppers shown in Figure 27 are 0.071 inch thick b% 3 inch wide. Inter-

costals are located at tear stopper #2 in every other bay in order to

stabilize the frdmes. Doublers, 0.016 inch thick, have been added near

station 523 in order to effectively increase the skin thickness to 0,066

inch where countersunk fasteners are to be instalij.

Door Jamb Panel. The wide spaced longeron left side panel with simulated

crew entrance door, 3A, shown in Figures 41 and 42, is located between stations

523 and 367 from Longeron L-9 to L-13. It contains a 32 inch by 60 inch cut-

out for r•he entrance door. The 2024-T3 skins are chem-milled to provide a

0.050 inch thick skin aft of station 439 and a 0.125 inch thick skin around

the door corners. All chem-milied steps are external as shown in Figure 41

The door corner doublers, shown in Figure 43 are also ýltetr-milled and bonded

to the skin. There are two bonded longitudinal skin splices on the panel.

One is at mid-door level and the other is at longeron 12. The 0.050 skins

are spliced with an inner and outer bonded splice member as shown in Figure

13, Where the thicker skins are spliced, the double lap bond.ed splice has
been modified in order to reduce the shear stress in the adhesive (see Figure

44). The thick skins are chem-milled at the splice and a third splice member

is added between the skin and outer splice. As shown in Figure 45 longerons

11 and 12 terminate at station 439. Bonded s.traps are added to protect the

skin from cracking adjacent to the end of the longeron. The door jamb

frames, at stations 427 and 391, are 0.090 inch thick. Sheet metal inter-

costals are added mechanically to form the door jamb structure as shown in

Figure 26. On the fuselage skin side the intercostal picks up a tee that is

bonded to the skin.
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NON-PARTICIPATING STRUCTURE

The door, wing and floor assembly design emphasis was placed on the in-

troduction of loads, boundary restraints and configuration constraints to the

test fuselage. Design simplicity and thus a substantial cost saving was the

result. The door is a simple plug type door of honeycomb construction that

introduces equivalent loads on the fuselage jamb as would be encountered by

an actual flight article. The wing box structural assembly is rectangular

box shaped with identical front and rear spars. This wing simulates the

interaction that would result between an actual aerodynamically designed wing

and the fuselage. To minimize cost and provide access to the bottom interior

of the fuselage, the floor structure was constructed of C-15 type non-machined

plank extrusions that extended approximately one third of the distance across

each side of the fuselage.
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*+ Door Installation

The door installation, considered to be "non-participating structure"

in the FSDC is located in the nose section on the left side between station

planes 391 and 415. This location is in the compound curved area of the

fuselage.

The door is basically a plug-type door and is designed to simulate the

proposed C-15 door, as shown in Figure 46. The loads and end moments at the

door jamb stops are essentially a representation of the C-15 loading.

Design Consideration. - The door was designed to be less stiff than the door

jamb in order to assure an even distribution of loads at the jamL stops when
the door deflects under pressure loads. This stiffness relationship is

standard design practice and is intended to keep the door jamb stops from be-

ing overloaded. The ultimate design load condition for the door is 2P

pressure (14.3 psi). The load generated from this condition is 2400 lbs at

each door jamb stop. The critical design condition that generates the maxi-

mum load at the door stops is the failsafe condition, At IP pressure, 7.15

psi, with either end beam out, the maximum load at a door jamb stop is 2900

lbs with a resulting end moment of 3626 in-lbs. These loads were the design

loads for the door and door jamb.

Door Description. - Since the door is non-participating structure, the

use of honeycomb construction was chosen. Basically, the door is made up

of an inner and outer skin, bare 2024-T3 aluminum sheet, with a Flex Core

aluminum honeycomb (5.7 pcf) sandwiched in between and edges with blocks of

7075-T73 aluminum plate and a 2024-T3 bare aluminum sheet around the peri-

phery of the panel as shown in Figure 47. The six beams attached to the

blocks, filler and skins transfer the pressure loads from the door to the

door jamb stops. A simple synthetic rubber flap seal, Neoprene-50

shore hardness is bonded around the periphery of the door. The filler

and skins are stretch formed. The blocks along the station planes, as

well as the bottom and top edges of the door, are rolled. These are

the only door installation parts requiring forming. The Flex-Core

•MU:W 81 WM
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FIGURE 48. DOOR PANEL AND INSTALLATION

82



J-

J honeycomb easily molds into the compound curved area of the panel while the

six beams are cut in straight pieces. Clips and tapered shims are used where

the beams are attached to the blocks. The clips provide necessary durability

when transferring load from the door to the beams, while the tapered shims

allow the beams to be made in straight pieces without forming. Attachments

along the periphery of the door eliminate any potential adhesive peel problem.

The door is non-functional and is bolted in place from inside the fuse-

lage with a total of four bolts, one in each of the end beam corners. If

required the door may be easily removed for additional access inside the

fuselage in conjunction with the primary Access Door located in the front

pressure bulkhead once the test program is implemented.

Summary. - The structural integrity and useful life for an adhesively bonded
honeycomb door structure will be demonstrated in the FSDC test program. The

results could establish that honeycomb construction should be considered for

future door designs.

FIGURE 47. DOOR ASSEMBLY
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Wi ng Box

The wing is a five sided rectangular box shape with the upper wing skin

panel omitted as shown in Figures 5 and 48. This wing is attached to the

fuselage by means of a titanium tee under the wing, aluminum tees at the front

and rear spars and trapizoidal panels connecting the spars to the spar frame

segments.

PAE

iit

WIN TRAPEZOIDALOIDA
SKI PANELPN~

WINGIS MEAEZODA
SKINREN

STA 847 Iz

FIGURE 48. WING/FUSELAGE INTERFACE
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The function of the wing. in the FSDC is to simulate a typical wing to

fuselage interaction, to provide a pressure barrier and to assure a major

discontinuity in the upper half of the fuselage. To simplify the wing design,
only vertical wing loads are applied to the front spar frame. Simplifica-

tion is also achieved by eliminating aerodynamic consideration. In addition,
(1) replacing the upper wing skin with links, (2) making the front and rear

spars identical and (3) eliminating all internal bulkheads reduced assembly

and installation time.

Lower Wing Panel. - The panel was designed with a 0.250 inch thick 2024-T351

aluminum plate,llO x 200 inches and stiffened by 16 6061-T6 aluminum 10-inch.
deep I-beams. This panel is a pressure barrier which beams out this load to

the front and rear spars.

Front and Rear Spar. - The spars were 0.250 inch thick 2024-T351 aluminum plates,

55 x 200 inches,and stiffened by 16 five inch deep 6061-T6 aluminum I-beams.

They function as a pressure barrier as well as a member to redistribute the

load from the bottom wing panel through the trapezoidal panel to the spar

frames.

End Bulkheads. - The end bulkheads carry part of the hoop load introduced by

the underwing fuselage skin panels. These bulkheads redistribute this load

into the spar frames by way of the trapezoidal panels. These bulkheads also

*. • stabilize the front and rear spar, They are composed of 0.125 thick2024-T3 aluminum sheet stiffened with tee shaped 7075-T6 extrusions. To

provide stability to the bulkhead,a web on top of the wing and extending from

the front to the rear spar ties in the upper bulkhead cap,

Titanium Wlng Tee. - The wing tee is a flexible joint which transfers the

fuselage hoop loads from the underwing fuselage skin panel into the bottom

wing panel and wing end bulkhead. This joint isolates the fuselage panel so

that the bending loads are not transmitted into the wing structure. Fuselage

axial loads are transferred around the wing cavity by way of the wing tee.
The tee is 100 percent machined from 6AI - 4V titanium extrusion and assembled

from three sections.
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i Link Assembly. - Three steel tubular members located at longerons 1 and 4

i transfer loads from the upper half of fuselage across the wing cavity.

*'1
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Floor Structure

The floor structure used for the FSDC is based on a YC-15 floor structure

design philosophy. It is comprised of three basic sections: floor planks,
side intercostals, and bulkheads as shown in Figure 49. The floor extends

aft from station 367 to the test fixture at station 871.

Floor Planking. - The planking used for the FSDC floor is a C-15 type extrusion

sized to carry the required floor loads imposed by various floor loadirg

Sconditions; e.g., trucks, tank, pallets, as shown in Figure 50. TS minimize

the cost impact on the PABST program, the floor planks have been Used as

extruded and only a minimum amount of machining has been used. The floor

planks are mechanically fastened together with attachments 2 inches on center

to form an assembly of approximately 45 inches wide on each side of the
fuselage, leaving an open section of approximately 50 inches in the center of

the fuselage for easy access to the under-floor area. The amount of planking

installed is sufficient to provide the necessary load paths and stiffness

requirements for the fuselage shell.

Floor Intercostal. - The floor intercostals for the FSDC, as shown in

Figure 25, are sheet-metal mechanically-fastened members similar to the YC-15

floor intercostals except that lighting holes have been eliminated to minimize

cost. The floor intercostals extend the full length of the FSDC and attach

the floor plank assembly to the bonded fuselage side skin panels.

p• Bulkheads. - The FSDC bulkheads are mechanically fastened assemblies, 48

inches on center, consisting basically of two configurations, At stations

"703 and 847, the bulkheads are built up sheet metal, which are similar to the

YC-15 bulkheads. The bulkhead at station 463 and the constant section bulk-

heads at stations 511, 559, 607, 655, 751, and 799 as shown in Figure 51, are

integral stiffened machined segments that are machined from plate stock to

* minimize cost.

89 .S.A 
M44 m* I. •



463 511 559 607 655 703 751 799 847 871

FLOOR

FIGURE 49. CARGO FLOOR ASSEMBLY INTERCOSTALS
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FIGURE 50. TYPICAL EXTRUDED fLOOR11 PLANK
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I LOADS

The loads used for design of the Full Scale Demonstration Component are

based on the YC-15 AMST Aircraft program. The external aircraft loads were

derived from the YC-15 design parameters for flight (gust and maneuver) and

ground (taxi, landing, towing and jacking) conditions. The most critical of

these conditions were used to derive the internal loads for each structural

member of the Full Scale Demonstration Component. The development for both

external and internal loads is included in the section that follows.
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External Loads

Flight and ground external loads were developed for both ultimate and

fatigue loading conditions in conformance with the military specifications

noted in the criteria. A complete set of external loads sufficient to design

a full scale bonded aircraft fuselage were developed during the PABST Phase

Ib (Reference 1). A study was conducted of these conditions and the most

critical for structural sizing were selected for design of the FSDC (Table 2 ).

The external ultimate shears and bending moment curves for each of these

design conditions were matched by a similar FSDC test curve based on the

actual test fixture loading points. The test fixture loading points are

shown in Figures 52, 53, and 54. The critical ultimate design and unit

fatigue test load curves are shown in Figures Cl through C34 in Appendix C.

The external load conditions for fatigue and damage tolerance spectrum

generation are shown in Table 2. These unit conditions are used to generate

internal loads which are subsequently factored by a computer program to

arrive at the analysis spectrum and the accumulated fatigue damage and

damage tolerance crack propagation. A comparison of analysis external unit

fatigue conditions with FSOC test conditions for the actual test fixture

loading points is shown in Figures C3 through C26 in Appendix C.
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Internal Loads

The FSDC fuselage is modeled in three joined sections as shown in Figure
55. The modeling technique employed is based on the lumped parameter element;

bars to carry axial, bending, and torsional loads, and panels to carry shear

loads. Detail areas of bars and panels were varied to properly represent

the design and configuration. The internal load generation method of analy-

sis for the model members employs the FORMAT computer program which combines

the characteristics of the force method with the solution algorithm character-

istics of the displacement method.

The simultaneous solution from the three joined sections with previously

defined applied external critical design loads, results in the output data

printed in the form of bar and panel loads and nodal deflections. A maximum-

minimum sort of loads for each element and selected conditions are printed in

total. These printouts are used for the detail structural integrity

calculations.

The structural idealized model is shown in Figure55. An example of the

output for an individual load condition and the max./min. for all conditions

is shown in Tables 3 , 4 , 5 and 6 for a selected area shown in Figure 56 (shear

panels) and Figure 57 (longeron and frame bars). In Table 3, for example, the

highest absolute shear for all load conditions for panel 62 is -300 lbs/in.

for load condition 14, acting in the negative sense and along the PS and RQ

edges relative to the conventions defined in Figure 56. Table 4 is a typical

output for all panels and for load condition 14 only. A complete set of

internal loads output is available for reference.

mo Additionally, a computer automated stress analysis is performed on the
• modeled elements. This phase of the format program computes combined axial

and bending stresses, principal stresses, and combined shear and axial stresses,

and the individual type stress margin of safety. The computer program also

suninarizes the most critical margins of safety for each type of stress at each

node point and identifies the loading condition,. This data provides rapid

quantitative data for assessing areas for structural adequacy.
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BMQN

UT

BST

R7BMQT' BS FS W

BSN

+ 
/ 

B ST
BAP

Br; BMPT
OT

BMPN

BARS PANELS

Note: Sign Convention - all forces are positive when acting as shown.

BMQN - Bending moment at the Q end of the bar about an axis normal to
the PQR plane (Ibs)

BMPN - Bending moment at the P end of the bar about an axis normal to
the PQR plane (ibs)

BSN Bar shear acting in the PQR plane (lbs)

BT - Bar torque acting about the bar axis (lbs)

BAP - Bar axial load at the P end (lbs)

SBA - Bar axial load at the Q end (ibs)

FRS - Panel shear load acting on the RS side (Ibs), QRS (lbs/in,)

FRQ - Panel shear load acting on the RQ side (lbs), QIuS (lbs/in..,)

FPQ - Panel shear load acting on the PQ side (Ibs), QPQ (lbs/in.)

FPS - Panel shear load acting on the PS side (lbs), QPQ (lbs/in.)

FIGURE 6. DEFINITION OF OUTPUT TERMS
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Shear Static Test Panels. - These tests were to determine the static shear

and the combined shear plus tension or compression strength of the fuselage

shell concept. The test results are shown in Tables 7 and 8. All visible

evidence of the test specimens indicated that failures initiated in the metal

with occasional secondary adhesive disbond. A significant observation is

that, in those specimens having shear tee cutouts at the frame/longeron

intersections, failure was initiated by crippling of the Z frame flange

closest to the skin. It should be noted also that, in the absence of such

cutouts, the shear tee was often ripped along the web/flange intersection,

with the flange still bonded securely to the sharply wrinkled skin. For the

one skin thickness in Table 8 where the original design shear slightly exceeded

the test shear, an additional doubler was added on the FSDC where this design

shear- occurs.

TABLE 7
SHEAR - COMPRESSION/TENSION
INTERACTION STATIC TEST PANEL

ADHESIVE FM73. PRWMER BR127, TEST TEMP - 140°F

TEST DESIGN

"SKIN SHEAR AXIAL SHEAR AXIAL
7075T6 LONGERON (KSI) (KSI) (KSI) (KSI)

0.05 18,1 -29.2 17.8 -14,0

M005 23.0 56,6 13.4 55.4

0.09 NONE 16.9 -W,07 I63 -8,4

0.05 30.6 67,9 13,4 5A,4

0.05 1B.O -18,2 17.8 - 14.0

AXIAL STRESS - COMPRESSION, + - TENSION

1,



TABLE 8
SHEAR STATIC TEST PANEL

PRIMER BR 127

ANALYSIS
TEST DESIGN FAI LURE

SKIN TEST SHEAR SHEAR PREDICTION
7075T6 LONGERON ADHESIVE TEMP (KSI) (KSI1) (KSI)

0.04 FM73 -50OF 19.8 13.0 18.3

0.09 RIVETED R.T. 24.6 20.0 21.8

0.9FM73 R.T. 26.5 20.0 21.8

0.04 Ml 133 -50OF 27.5 13.0 18.3

0.04 MI 133 140OF 25.3 13.0 18.3

0.09 NONE FM73 140OF 19.6 20.0 10.6

0.09, NONE FM73 140OF 23.8 20.0 12.6

0,0434 FM73 140OF 30.7 13.0 23.3

12 IN, F RAME
SPACING



Frame Bending, Test. - These tests determine the static strength of a typical
frame-longeron-skin combination under pure bending in the frame. The frame
section properties and test setup are shown in Figures 59 and 60 respectively.
The test results are shown in Figure 60. Initial failure occurred along a one-
inch length in the bond between the skin and frame tie shear clip, starting
at the edge of the shear clip cutout for the longeron, followed by complete
disbond between longerons and subsequent frame crippling.

• • •.63
S"Y 2,753

4.44

V • Yo 3.187

1.06 TYP
S" ,050

1.50-1
FRAME MAT'L 7075-T6 CLAD
SKIN KAT'L 7475-T761 BARE

AREA .520 IN2

• '* 
.o I

"N.A. 2.097 IN4

FIGURE 59. CROSS SECTION OF FRAME THROUGH
LONGERON CUTOUT

!!11?
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p - -FRAME #2

cz -- ~ , - - - - --. FRAME #3

LOG LONG L . LONGI

DIAL-15 Y
GAGE

238R

*56,742 IN-LB

*FAILING LOJAD BENDING MOMENT
AND MOMENT
PER FRAME.

*2450 LB SHEA

FIGURE 60. PFRAME BENDING TEST (SPECIMEN 23) AND RESUILTS
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Tension Tee Static Tests. -These tests ,Lre made to determine the joint
Static strength between thle frame tee shear clip and the skin under the
simulated cabin pressure (14.3 psi ult) load. The test results are summar-
ized in Table 9. All failures in Table 9 were uin thle bond and gener-ally
otf the cohesive type failure.

TABLE 9
TENSION TEE TEST

FAILURE LOAD DESIGN

TST TR - OA

SKIN ADHESIVE PRIMER -50 t 5*F R.T. 140 t5*F -50*F

_02 AF5 127 0 4000185 249 L

. 0040 7075-T6 F~M 73 8R 127 1595 La M____39 LO

0.090 707S-T6 AF J.L.. 55A..L .AQ.. 3950_000_L 249 LB

0.040 7,0754T6 AF S5 XA 3950 1670 LB 3700 1B 4220 LB 389 LB

0L04 70 5-T6 M 1133 OR 127 .110S LB 25L 3358 LB 389 LB

ALSO TAPERED FLANGE

.Btu
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ANALYSIS

This section contains the analysis of the Full Scale Development

Component for static, damage tolerance, fatigue, and bonded joint strength.

Additionally, the spectra is developed for the fatigue and damage tolerance

loading.

•.
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Static Analysis

The critical static metal failure modes for the FSDC structural arrange-

g ment are identified from previous aircraft experiences as being:

1. Skin to stiffening element joint failure due to cabin pressure pull-

ing the skin away from the stiffening members.

2. Skin to stiffening element joint failure due to "tension field" skin

shear wrinkling.

3. Primary frame bending failure when the skin fails to continue acting

as part of the frame/skin bending action due to attachment failure

between the skin and frame resulting from the skin wrinkle prying

action.

In order to determine the design static allowable for each of these

failure modes, tests were run as described in Tables 7, 8, 9 and Figure 60.

From these test results, allowable load for each of the critical failure

modes were derived. Allowable loads for material strength and fasteners were

taken from MIL-HDBK-5.

The load allowable data for failure modes 2 and 3 along with MIL-HDBK-5
material strength data was input to the C9BA computer stress program. The

resulting output lists stresses and margins of safety for each structural

member (see Tables 10 through 13 for example output and Figure 57 and 58 in

the Internal Load section for location of this example). The margin of safety

in the Tables noted is the quotient of the allowable stress divided by the

design stress. Tables 10 through 13 are examples of the output from the C9BA

computer stress program used to determine stresses and margins of safety for "

frame flange, longeron crosssection, skin shear and principal stress, and the

interaction strength of skin shear stress acting with longeron axial stress

("tension field" effects). The computer program derives these stresses for

each loading condition (see Tables 10 and 12), and then searches out the

most critical conditions by the lowest three margins of safety (Tables 11 and 13)

Node 139 from the computer idealized model (sta 403, longeron 6) in Figure 57
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is taken as an example. The max/min search of failure modes shown in Table

11 shows the lowest margin of safety 2.38 occurs in the frawi!e outer flange

for condition 20, and for the failure mode in Table 13 the lowest margin of

safety is 2.31 for condition 15. In Table 10, at node 139, the upper row of

values in the axial stress in the frame inner and outer flanges, longeron
crossection, skin in plane shear, skin in plane principal stresses respective-

ly, all at the frame 403, longeron 6 intersections. The second row of values

is the margin of safety, which is the quotient of the allowable stress divided

by the design stress associated with the appropriate member and mode of loading.
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Spectrum Analysis

Load Sources. - The variable loads encountered by the airplane result from

the flight and ground environments in which an airplane must operate. This

data results from a statistical analysis of information accumulated from Air

Force operations and is normally described in terms of incremental load

factor excursions from the one g condition.

Taxi: - This spectrum covers the runway roughness during the pre and post

fflight taxi, take-off and landing roll. Because of its mission, the C-15

airplane would be called upon to operate out of airfields which range from

paved runways to unpaved runways. For purposes of this analysis three grades

of runways were considered:

(1) Paved Runways. The data of MIL-A-8866A was used for paved runways. Half

the vertical load factor cycles are presumed to occur in the take-off phase

and the other half in the landing phase of each mission. For convenience,

the data as used in this analysis is included in Table 14.

(2) Semi-prepared Runways. Based on Southeast Asia operations of the C-130

aircraft, the vertical load factor experienced on semi-prepared runways was

found to be 1,5 times as severe as that on paved runways. Thus, to obtain the

taxi spectrum for semi-prepared runways, the MIL-SPEC spectrum was multiplied

by this factor and the data used is presented in Table 14.

(3) Unimproved Runways. For the unimproved runways roughness data, recourse

was again made to C-130 Southeast Asia operations experience. It was found that

at a frequency of one per ten landings, the incremental load factor for unim-

proved runways was 1.37 times that for semi-prepared runways, This point is

shown in Figure 61. At higher incremental load factors and corresponding lower

frequencies the data was extrapolated by drawing a line parallel to that for semi-

prepared runways. Table 14 has, for the three categories of runways, the fre-

quency at specified incremental load factor levels.

Landing Impact: - The airplane sink rate depends in a large measure on the

landing mode. In conventional landings where adequate runways are avail-

able, the sink rate at touchdown will be much less severe th,,n those encoun-

tered under short field landing conditions. For short field landings, the

S123
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TABLE 14

PABST RUNWAY ROUGHNESS SPECTRA

Cumulative Occurrences/i ,000 Landings___________

+ An Paved Runways
Z MIL-A-8866A Spec. Semi-Prepared Runways Unimproved Runways

.1 194,094 280,000 280,000

.2 29,094 100,000 210,000

.3 2,094 30,000 130,000

.4 94.155 5,000 68,000

.5 4.155 750 22,000

.6 .155 100 5,300

.7 .005 15 900

.8 2 130

.9 .3 20

1.0 .05 3

1.15
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gross weights at touchdown are significant to the rate of sink spectrum.
These parameters were considered in developing the landing impact spectra
used in the PABST analysis. For the PABST analysis the following equations

were used to convert landing sink speed to airplane center of gravity load

factor.

An = 0.2 + 0.0113 (Vs - 2)2 for Vs 2 ft./sec.

0.1 Vs for V5 12 ft./sec.

where An = vertical load factor, g's.z

and Vs = sink rate, ft./sec.

Conv entional TOL) Landi.ngs:- The data used was that in Table IX of MIL-A-

8866A converted to airplane center of gravity load factor using the above
equations. The data is presented in Table 15.

Short Field (STOL) Landings:- Short field landings were considered at high

and low gross weight landings. The dividing line was GW = 153,000#. At

higher gross weights the design sink speed was lower and the corresponding
load factors were lower. The data are based on C-130 and Breguet 941 landings.

The data as used in this analysis are presented in Table 15.

Gust: - The gust spectrum experienced for the PABST analysis was established

as follows:

YIN e" g/b1  gN/b2" T

Where N 10 cumulative occurrences/stat. mile

No - 7.5 cumulative occurrences/stat. mile
2

Airplane Center of Gravity Load Factor Unit Response

Pl*P 2 b, and b2 are Turbulente PArameters, Functions
of Altitude

I•N cumulative occurrences
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TABLE 15
PABST LANDING IMPACT SPECTRUM

Cumulative Occurrences/i ,OOO Landings

Conventional Short Field (STOL) Landings

Landings G.W. > 153,000# G.W. < 153 ,000#

.2 530 800 900

.3 50 290 600

.4 9 160 450

.5 4.3 94 320

.6 2.2 60 250

.7 1.3 39 210

.8 .65 25 163

.9 14 133

1.0 11 110

1.2 4.6 70

1.4 50

1's 26

2.0 20

2.2 15.5

2.4 11.3

2.6 7.4

2.8 4. -.

3.0 3.2

3.2 2.
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Table 16 shows the turbulence parameters as defined by MIL-A-8861A.

This turbulen'rc model was used for all flight segments, except for the low

level terrain following flight, for which a separate gust plus maneuver

spectrum was defined in Table 17. This spectrum was used in analysis of the

low level resupply missions.

Maneuvers: - The maneuver spectra were obtained from Tables VII and VIII of

MIL-A-8866A, for logistics, training and assault missions. For convenience

of the analysis the data were reduced to equation form:

SAg/gI -tkg/b 2IN No + No

The parameters of this equation for the various missions are presented in

Table 18. In general experience, positive maneuvers significantly exceed

negative maneuvers. For analysis purposes maneuver cycles were defined as

follows:

(i) A positive and a negative maneuver of like magnitude were

combined to form a maneuver cycle. These are referred to as

i(+) raneuver cycles in TABLE 18.

(ii) The excess of the positive maneuvers which could not be mated

with like negative maneuvers are referred to as a (+) maneuver.

The above spectra were used for the basic and training missions. For the

low level resupply missions and touch and go's the maneuver spectrum is

included in the data of Table 17.

Internal Pressure: - The dominant source of internal load in the PABST

structure is the internal pressure. For the PABST analysis, the pressuriza-

tion envelope of the YC-15 was assumed to be applicable. Thus, the internal

pressure was assumed to vary linearly from zero at sea level to 7.15 psi

at 17,000 feet. Above 17,000 feet the pressure remains invariant at 7.15 psi.

Ground Air Ground Cycle. - This is the maximum stress excursion between the

minimum ground stress and the maximum flight stress. For a typical PABST

structural element, the stress experienced will be as shown schematically

I 2
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TABLE 17

LOW LEVEL PENETRATION GUST
PLUS MANEUVER SPECTRUM

Cumulative
t Anz) Ocrcurrences Perz Flight Hour

.1 1,300

.2 420

.3 160

.4 52

.5___ _ __ _ _ 17__ __ _ _ __ _

.6 4

.7 2.8

.8 .95

NOTE: This data supercedes the low level
contour flight gust data of
MIL-A-8861A
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TABLE 18

MANEUVER LOAD SPECTRA FOR
AIRPLANE CG VERTICAL LOAD
FACTORS

Spectrum Equation

IN No, e + N0 2 e

MISSION TYPE No, N 02  bi b2 Max

1 2.7x105 2.5x0 .0492. .1646
Climb + .- o4 5.0 .89-

+ 9.xlO 0.0 0869 .2817

Basc ~4.Ox1O0O .0523 .0986
Miss ions

Cruise4
+ 2.1lx10 62.0 .0921 .2621

+ 1.9x105  0 .0543 0

Descent - .10 4.x0
+ ..-0 4.xO 0942 .2311

1 .6x105  0 .0598 0

Climb- ____

+ 5.2x105  2.7x1 3  .0835 .1820

4
*4.OxlO 0 .0566 0

Training Cus
Kisos+ 4. 64010~ 40 .0843 .2966

43
* 5.5410 9.5x1 3  .0476 .0841.

Descent --

+ 5.44105  1.6410 .0670 .1922

Data for above equation was obtained from:

MIL-~A-8866A Table VIII1 Assault Spectrum

AIL-A-8866A Table V11 Transport Training Spectra



"in Figure 62. During taxi and takeoff, the element experiences a variable
stress due to runway roughness. After takeoff, the internal pressure build-

up dominates the element stresses with small amplitude variations as a result

W# of gust and maneuver inertia loads. During the flight phase, the inertia

loads form a relatively small proportion of the total stress, generally less

than 10% for the PABST airframe.

Utilization. - The basis for the PABST utilization was the YC-15 mission

profiles and a desired service life of 30,000 flight hours. For convenience

of the analysisthe YC-15 mission profiles were consolidated into three types

of flights:

(i) basic mission

(ii) training mission

(iii) low altitude resupply mission

Associated with each of the basic missions is one touch and go landing, and

six touch and go landings with each of the training missions. The assumed

PABST utilization is shown in Table 1. For the PABST analysis, the import-
ant parameter is the number of full pressure cycles, which is 16,360 and

entirely due to the basic mission profiles. There are 2,648 partial pressuri-

tions due to the training missions for a total of 19,008 pressurizations.

The low altitude missions were assumed to be unpressurized because cruise

altitude was 500 feet above the terrain.

To account for the variability of the payloads carried during normal

operations, each of the missions was accomplished with two payload weights.

In the case of the basic and training missions the payload weights selected

were 20,250 and 54,250#. For the low level resupply missions, the payloads

used were 27,000# and 62,000#. These were the design payloads for the STOL
and CTOL operations. lable 1 shows the mission frequencies at each payload.

Mission Profiles. - The basic outline of the mission profiles are shown in

Table 1. However, for analysis purposes,the missions have to be segmented

and average values of flight parameters assigned to each segment. The

segmented profiles with the flight parameters associated with each segment

are included in Appendix B.
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MAX IMUM PEAK STRESS ________________

ENCOUNTERED IN FLIGHT--o

GROUND
AIR-
GROUND
CYCLE

LB/IN.2
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_k. FIGURE 62. TYPICAL MISSION STRESS CYCLE
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Payload Distributions. - The vast majority of the payloads to be carried by
the AMST will be of the distributed kind, with attention being given to
maintaining the airplane center of gravity within limits. These payload
distributions are shown schematically in Figure 63. Vehicular payloads with

large concentrated axle loads were also included in the external loads
analysis. The required payloads were built up using the following vehicles:

(i) Jeeps - 2465#
(ii) 3/4 ton truck - 7,660#

(iii) 5 ton truck - 27,125#

(iv) 8 ton goer - 36,690#

(v) 2-1/2 ton truck - 18,560#

(vi) 15K forklift - 47,000#

(vii) Howitzer - 62,000#

(viii) armoured personnel carriers - 23,380#
The maximum axle load was 25,850# for the 15K forklift. The vehicular pay-
loads did not result in any unusually high internal loads. in any event,the
dominant sources of structural member loads is internal pressure. Thus, the

inertia loads considered were based on the distributed payloads of Figure 63.

For the Phase Ib analysis,a complete range of conditions using the
distributed and vehicular payloads were analyzed. A review of the internal
loads resulting from these various payload distributions showed little

variation in the internal structural member loads. Thus for this Phase II
analysis, a much restricted range of conditions were analyzed. These condi-
tions are listed in Table 19.

Analysis Check Points. - The criteria used in selecting the analysis check

points was to aid in the design of the Full Scale Demonstration Component and
to assure that it would be able to meet the fatigue and damage tolerance
criteria. (Reference DESIGN CRITERIA). The points are shown graphically in
Figure 64 for the cylinderical section, tapered section, close spaced longeron
areas, wide spaced longeron areas, and compression areas under inertial loads.

The format internal loads solutions were utilized to obtain inertia and
airload stresses for each of the check points. Table 20 lists the bar
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!i•: ITABLE 20

!• LOCATIONS AND LONGITUDINAL STRESS OF THE ANALYSIS ELEMENTS

i .... ..... TYPICAL STRESSES - LB/SQ IN.

•;•.CHECK POINT INTERNAL 00'T. - LB!SO IN INERTIA + AIRLOAD
.•.LOADS xx alp

LTR STA It LONG. BAR NO. ANALYSIS 20 LIFETIMES PILLOWING olg doldn
•/ PHASE 11

.'"665 8A PRLM15,500 13,632 227 295

•i655 2 578 PHS I10,182 858 304

B .. .. PRELIM ..

•! • .. .. PHASE 11 '
439 4 594 14,053 14,053 57 49

•! PRELIM

•," PHASE 11
•:823 16 782 15368 15368

•,,. PRELIM

P, 523 2 PRAELIM 15,000 14,324 519 343

•. PRELE
"i!••523 2 10 PHASE t(b) 16,700 14.314 910 1,185

si• 751 8A 660 PHASE 11 10,000 8,990 410 234

¢• F PREL-IM . .

i!;NODE 341 PHASE Itb) •11100 10,356 E1 -547
•I, •8A 653 PHASE 11. . ...

421 6 AV • RLM11,100 11,093 7 ,-4
i-•'421 8B AV PHASE I(b) 14,700 14,596 -342 185

S" ~ ~PHASE, .....
o 690 PEL M13,500 13,745 -237 -223

•.H 465 9A19

i!'NODE 467 PHASE I(b) 13,320 14,269 -1,093 -112

.•;i PHASE It
642 PRELIM 14,700 13,796 424 394

J 523 8
;.65 PHASE I(b) 17,000 16,490 244 -227

•.565 PHAELIt <10,000 7,700 1,140 340

•!L 655 1

•'i:•138



numbers of the format model used in obtaining the inertial and airload

stresses for each of the check points. The internal pressure stresses were

computed using the Douglas developed solution which accounts for skin bending

at the frame and the effect of longitudinal stiffening.

Stress Spectra Generation. - The previous discussion covered the details of

the variable load sources, turbulence spectra and the stress analysis. A

modified version of the fatigue analysis computer program was used for the

spectrum analysis. This program uses the data from load sources and for

each segment of each mission profile constructs a An vs. frequency spectrum.

The stress data,oand du/dn are then used to convert theuvs. frequency to

S(Cmax, Omin) vs. frequency spectrum. A spectrum (stress occurrences) for

check point A based on Phase II preliminary internal loads is shown in Table
21. Ninety repetitions of the spectrum shown represents one lifetime.

The stress spectrum for check point A is presented in Table 21. The

spectrum covers all the flights of the PABST utilization including the touch

and go's. The maximum stress excursion (peak, to peak) occurs in the ground

air ground cycle. In Table 21 the first flight ground air ground cycle

is referred to as FIGAG. It is formed by maximum stress experienced during

flight including the excursions caused by gusts and maneuvers (G+M) and the

minimum stress experienced during taxi. The variable stresses occurring

during taxi on the ground and gusts and maneuvers in flight are included

in Table 21. Little or no damage is anticipated from the taxi, gust and

maneuver stress cycles. These were included in the spectrum because of their

relatively high frequency. These stresses may become significant in flaw

propagation as the flaw length gets large. It has been pointed out earlier

that the stresses are dominated by the internal pressure loads. This can

be seen in the flights where full pressurization is experienced. For in-

stance during flight 1 full pressurization flight, a peak flight stress of

14,273#/in' is experienced. During flight 11, touch and go flight where no
2

pressurization is used, the peak stress is 2,645#/in2. These low stress

peaks will be completely blanked out by the high peaks of the full pressuriza-

tion flights and result in a negligible influence on flaw growth. These

low stresses are included in the spectrum due to their relatively high
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frequency and in the interests of completeness.

Significant parameters of the longitudinal stress are included in Table

20. The one G and the incremental stress per G (inertia and airloads only)

are included in the data, together with the one P pressure stress. The

relative influence of inertia and pressure loads can therefore be assessed.
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TABLE 21

STRESS SPECTRUM FOR CHECK POINT A

(90 REPETITIONS OF THE SPECTRUM REPRESENT ONE LIFETIME)

FLIGHTLID MAX MIN NO. OF
ND2 n2 CYCLES

SEGMENT #/in # /in

FIGAG 14,237 263 80

TAXI 788 380 2,160

TAXI 847 321 320

TAXI 905 263 80

G+M 1,978 1,890 160

G+M 3,582 3,494 160

G+M 6,589 6,501 240

G+M 12,604 12,516 1,280

G+M 12,634 12,486 160

G+M 12,604 12,560 1,120

G+H 12,634 12,560 400

G+M 12,663 12,560 160

G-•* 14,207 14,119 640

G+H 14,237 14,089 80

F2GAG 14,797 441 11

G+H 2,507 2,325 44

G+m 4,111 3,929 33

G-m 7,118 6,936 33

C*4M 13,132 12,950 176

G4H 13,193 12,889 22

G'm 13,132 13,041 154

G+4 13,)93 13,041 55

•+ Gust + Maneuver
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TABLE 21 (CONTINUED)
STRESS SPECTRUM FOR CHECK POINT A

FLIGHT
AND MAX MIN NO. OF

SEGMENT #/in 2  CYCLES

G+M 13,254 13,041 22

G+M 14,736 14,554 55

G+M 14,797 14,493 11

G+M 14,736 14,645 22

G+M 14,797 14,645 11

TAXI .1,322 636 297

TAXI 1,420 538 44

TAXI 1,517 441 11

F3GAG 14,237 263 80

TAXI 788 380 2,160

TAXI 847 321 -. 320

TAXI 905 263 80

G+m 1,978 1,890 240

G+M 3,582 3,494 480

G+M 3,612 3,464 80

G+i-A 6,589 6,501 240

6,619 6,471 80

G+M 12,603 12,515 1,200

3G+M 12,633 12,485 160

G+M 12,603 12,559 1,120

G 12,633 .12,559 400

"G+M 12,662 12,559 120
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TABLE 21 (CONTINUED)

STRESS SPECTRUM FOR CHECK POINT A

FLIGHT MYMIN N.O
AND N.O
SEGMENT #/n /in' CYCLES

G+M 12,692 12,559 80

G+M 14,207 14,119 720

G+M 14,237 14,119 80

F4GAG 14,541 441 1

TAXI 1,322 636 297

TAXI 1,420 538 44

TAXI 1,517 441 1

G+M 2,272 2,150 33

G+M 3,876 3,754 33

G+M 6,883 6,761 44

G4+M 12,897 12,775 132

G4+14 12,937 1.2,735 22

G+IA 12,897 12,836 88

G+m 12,937 12,636 33

G 12,977 12,836 1

GM14,501 14,379 66

G+14 14,541 14,339 11

FSGAG 12,692 263 14

TAXI 788 380 378

TAXI 847 321 56

TAXI 905 263 14

1+4 ) ,978 1,890 28

14~3



TABLE 21 ',CONTINUED)

STRESS SPECTRUM FOR CHECK POINT A

1LIAX MIN NO. OF

SEGMENT VinCLES

G+M 3,582 3,494 42

G+M 6,589 6,501 42

G+M 6,589 6,545 280

G+M 6,619 6,545 70

6+ ,648 6,545 28

G+M 10,599 10,511 56

G+M 12,603 12,515 28

G+M 12,603 12,559 420

G+M 12,662 12,559 126

G+M 12,692 12,559 42

G+14 12,721 12,559 14

F6GA~G 11,311 441 1

TAXI ~ 1,322 636 27 j
TrAX. 1,420 538 4

TAXT ,1 441 3.

2,6507 2,3253

G+M 4,111 3,929 3

0~4+ 7,118 6,936 7

G+47,179 6,875 1

G41 1,128 1.1,037 23

c-m11,1$9 11,037 6

G4+i 1.1,250 11072
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TABLE 21 (CONTINUED)

STRESS SPECTRUM FOR CHECK POINT A

FLIGX MIN NO. OF
AND2
SEGMENT #/i 2 #/n 2 CYCLES

G+M 11,311 11,0371

F7GAG 8,683 263 14

TAXI 788 380 378

TAXI 847 321 56

TAXI 905 263 14

G+hM 1,978 1,890 42

G-R4 3,582 3,494 42

G+-M 6,589 6,589 70

G-16,619 6,471 14

G+M 6,589 6,545 196

GM6,619 6,545 56

G+M 6,648 6,545 14

G+M 8,594 8,506 42

G+M 8,594 8,550 490

G+M 8,624 8,550 154

G_____ 8,653 8,550_____ -2

G+H 8,653 8,550 142

M8AC 9,306 636 1

TAXI 1,322 636 4

G+ ,507 2,325 3

Gm4,111 3,929 3

7,118 [1,365
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TABLE 21 (CONTINUED)
STRESS SPECTRUM FOR CHECK POINT A

FLIGHT MAY MIN NO. OF
AND 2 .2 CYCLES
SEGMENT # /n #1/n

G+M 7,179 6,875 1

G~-7,118 7,027 17

G+M 7,179 7,027 4

G+-M 7,240 7,0271

G+M 9,123 8,941 2

G+M 9,123 9,032 30

G+M 9,184 9,032 9

G+M 9,245 9,032 3

G+M 9,3069031

F9GAG 2,645 26~3 80

TAXI 788 380 4,000

TAXI 847 321 720

TAXI 905 263 80

G+4M 976 888 7,040

G+-M 1,006 858 2,080

G+-M 1,035 829 680

G+Mi 1,065 799 320

G+-M 1,094 770 80

F3.OGAG 2,645 88 82

TAXI 788 380 61,008

TAXI 847 321 45,182

TAXI 905 263 16,400
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TABLE 21 (CONTINUED)

(. STRESS SPECTRUM FOR CHECK POINT A

FLIGHTANH MAX MIN NO. OF
SEME2 N2 CYCLESSEGMENT #/in #/in

TAXI 964 204 4,346

TAXI 1,022 146 738

TAXI 1,088 88 82

G+M 1,035 829 31,898

G+M 1,065 799 10,332

G+M 1,094 770 3,854

G+M 1,124 740 328

G+M 1,153 711 574

G+m 1,183 681 246

G+M 2,645 2,248 246

FI1GAG 2,645 343 5

TAXI 1,420 538 215

TAXI 1,517 441 35

TAXI 1,615 343 5

G+M 1,566 1,262 3,940

G+K 1,627 1,201 1,635

1,688 1,140 530

4G+M 1,749 1,079 195

4G+M 1,810 1,018 20

G+M 1,871 1,957 30

G+H 1.932 896 15

G-4* 2,645 2,248 10
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TABLE 21 (CONTINUED)

STRESS SPECTRUM FOR CHECK POINT A

FLIGHT MAX MIN NO. OF

SEGMENT #/in nCYCLES

F12GAG 2,645 168 17

TAXI 973 369 2,346

TAXI 1,040 302 850

TAXI 1,174 168 34

G+M 1,344 1,022 3,672

0+4M 1,390 976 1,190

G+M 1,435 931 442

G+M 1,481 885 34

G+M 1,527 839 68

G+M 1,573 793 34

G+M 2,645 1,984 17

F13GAG 2,645 593 17

TAXI 1,455 701 170

TAXI 1,563 593 17

G+M 2,109 1,557 8,840

G-+M 2,219 1,447 3,672

G+M 2,329 1,337 1,190

G+M 2,440 1,226 442

G+M 2,550 1,116 34

G+M 2,660 1,006 68

0G+ 2,771 895 34

G+t4 2,645 2,248 34
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i1• Damage Tolerance - Metallic Structure

SI This section includes the damage tolerance analysis methods, material

• property data, selected crack locations for analysis, and a summary of results
for the Full Scale Demonstration Component (FSDC). In addition, the results

of the damage tolera,•..e analyses for four smaller test specimens are included.
Information on the assembled bonded metallic structure is called "metal" in

this section for convenience. Information applicable only to adhesives is

presented separately in the section on the analysis of bonds.

A flow chart of the damage tolerance procedure for the metal structure

is shown in Figure 65.

_Requirements and Stresses. - The requirements are presented in the section on

Fatigue and Damage Tolerance Criteria for Metallic Structure. The initial
i, flaw sizes for slow crack growth structure are given in MIL-A-83444 (USAF).

i,'•..The derivation of the stress spectra used for crack growth analysis and

• of the maximum one-time stresses used in foreign object damage analysis is
discussed in the Spectra section. The limit principal stresses used in the

' '• residual strength analysis of the two bay crack cases were obtained from the
internal loads presented in that section. Damage Tolerance analysis of the

:"FSDC wspromdfor the Phase bPhase 2 preliminary, and Phase 2 final

loads.

Si' The .damage tolerance analyses were based on the Hart-Smlith method of

ii ~predicting the stress distribution in a pressurized stiffened cylinder,
: ~ ~Figure 66. This method is more accurate than the classical soliution since: !

(a) the distortion under load included in shell buckling theory is

•: accounted for,
• (b) the deflected shape is defined by non-oscillatory exponential

•'" decay functions,
!.:(c) the correct frame stresses are obtained by using the junction

• stresses between the skin and frame determined by the skin bend-

ing moments, and

. 149
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(d) the axial stiffener influence on the skin stresses is

accounted for (through Poisson effects),

Damage Tolerance Analysis Methods (Metals). - The crack growth and residual

strength analyses of the metallic structure were based on classical linear

elastic fracture mechanics in which the model consists of a symmetric crack

growing from a through-the-thickness flaw in an infinite sheet. A basic

assumption made is that the local stress conditions at the crack tip are

defined by the local stress intensity K, where:

K a a
a = gross area stress remote from the crack tip, psi

a = half crack length, inches

The general equation for stiffened thin-walled structure of finite size

is:

where the Onterms are modification factors including but not limited to the

following, as applicable:
F (1/r) = Bowie correction for synmetric or asymmetric cracks at

holes (Reference 2).

1  Finite width correction for eccentric cracks (Reference

2).
X2  Finite width correction for single edge cracks (Reference

2).
ab Liu back surface correction factor for corner flaws

(Reference 3),

Mk = Kobayashi factor for deep surface discontinuities
(Reference 4),

7 Swift factor accounting for the effect of stiffening on a

cracking sheet (Reference 5),

B - Correction factor for the bulging of the cracking edge of

a longitudinal skin crack in a pressurized cylinder
(Reference 6).

= Effect of the non-uniform stress distribution in the

pressurized uncracked stiffened cylinder on a longitudinal

skin crack. See Figures 66 and 67.
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FIGURE 66. EFFECTS OF PRESSURL PILLOWING IN A STIFFENED CYLINDER
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F Knock down factor for the effect of the skin bending stress,

due to pillowing, on a circumferential crack near a frame in a

pressurized shell. The analysis is based on the relationship

between tension and bending presented in (Reference 7).

The crack growth time histories of the cracked structural members

analyzed were calculated using a Douglas computer program that is an expanded

version of the Air Force CRACKS program, and da/dN vs AK material data.
Residual strengths were calculated using critical stress intensity; i.e., kc,

data. These material data are discussed in a subsequent subsection.

The method for estimating the margin on life for the slow crack growth

analyses was based on the Forman equation for the da/dN vs UK curve,

da C (AK)p

dN (l-R) Kc - AK

where a half crack length

N = cycles

R - Stress Ratio

K = Critical stress intensity
C

AK - Difference in stress intensity
p,C Material constants

In region of the initial crack where the contribution to the total life-

time is greatest, AK is much less than Kc, For efficiEntly designed struc-

ture, the margin is low and the £(I-R)K -AK]/C term can be assumed to be
C

relatively constant in the applicable da/ vs AK region whien the region is "
dnsmall enough to permit a linear approximation. A relationship between life

and stress can then be obtained which is:

1654
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1 = 2 2 or Gallowable = 0 failure Nfailure
'Ncriteria

=FNmargin on life failure -1
[N cteia

Material Data-Metals. - The FSDC structure was sized using preliminary da/dN

vsAK and Kc data obtained in Phase lb. The preliminary margins on life and

the residual strength margins of safety were later checked using final mater-

ial property data obtained near the end of the final design phase, Phase II.

Preliminary Material Data: -The preliminary da/dN vsAK curves from Phase Ib

were taken from data available in the literature, primarily Battelle data,

Reference 8. The average curves for 2024-T3 bare sheet and 7075-T6 clad sheet

used for the sizing analysis of the FSDC skins and frames respectively are

shown in Figures 68 and 69. It should be noted that, in Phase Ib, a decision

was made that the curves for all aluminum alloys and R values would pass through

10-8 atAK = 2 ksi V n. This decision was based on available NASA data for

2219 aluminum and had customer concurrence.

The preliminary values of Kc used for 2024-T3 bare sheet and 7075-T6 clad

sheet were 150 ksi Vinand 60 ksi Vi respectively.

Final Material Data: - The final da/dN vs AK curves were based on Douglas test

data in the lowAK region with data from the literature. Reference 8 and 9,

completing the upper part of the curves. The data for 2024-T3 bare sheet and

for 7075-T6 clad sheet are shown in Figures 70 and 71 respectively. The changes

in the lowAK region were sufficient to reqluire the recheck of the margins on
S I• life since relatively small AK displacements of the curves can lead to signi-

ficant changes in da/dN and, therefore, in crack growth time history.

:'• ,•156
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Retardation: - Four flat unstiffened center-cracked PABST panels were tested

in Phase Ib to measure retardation in crack growth due to infrequent high

loads under spectrum loading and to establish a retardation model for crack

growth analysis. Attempts to correlate the data obtained with existing re-

tardation models was not successful. A retardation factor of 0.8 and a Willen-

borg model based on previous Douglas experience was therefore used for PABST.

Location of Check Points. - The locations of the check points selected for

damage tolerance analysis are shown in Figure 64. The points were chosen

based on the MIL-A-83444 definition of "fracture critical structure." The

phase Ib (preliminary design) fatigue stresses were searched to determine the

parts with relatively high tension stresses and the parts were analyzed to

ensure that they met damage tolerance requirements.

Results for Check Points E and H. - The results of the damage tolerance

analysis for check points E and H are typical of FSDC circumferential and

longitudinal skin cracks respectively. They are presented to show the crack

growth and residual strength behavior of the skin. The analyses were based on

the preliminary spectra and material properties. The skin, stiffening, and

adhesive (or rivets) were considered to be elastic.

The analysis of check point E included the effect of: (a) the skin bend-

ing stress at the frame due to pressure, (b) the skin hoop stress due to

pressure, and (c) stiffening; i.e., the longerons. The crack growth time

history for the critical one bay circumferential skin crack is presented in

Figure 72. The residual strength diagrams are shown in Figure 73.

In the upper diagram of Figure 73, the residual strength of the structure

is shown for each half crack length. For example, entering the graph at a half

crack length of 14 inches and reading vertically, the residual strength remain-

ing in the cracked skin is 40 ksi. The remaining tensile (allowable) strength

remaining in the central stiffener is 15 ksi with 50 ksi remaining in the

outer stiffener. These stiffeners have, of course, absorbed the load being

transf•erred out of the skin due to the cracking. Based on the fail safe design

criteria on page 6, the cracked structu),e must be capable of carrying the
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maximum free-stream applied principal stress, PRIN. Because of pressure

pillowing, this stress varies between stiffeners. The structure is adequate

as long as the residual strength is greater than the applied stress.

The analysis ofcheck point H included the effect of (a) the skin hoop

stress due to pressure, (b) the non-uniform stress distribution on the longit-

udinal skin crack, (c) stiffening; i.e., the frame, and the (d) bulging of

the crack edges due to pressure. The crack growth time history for the criti-

cal one bay longitudinal skin crack is presented in Figure 74. The residual

strength diagrams are shown in Figure 75. The residual strength diagram is

read in the same manner as described above. However, referring to the crit-

eria on page 6, the structure for foreign object damage must be capable of

carrying the maximum load occurring in 20 lifetimes or limit load, whichever

is less. The critical applied stress for this check point is the one time

stress,OOT. As in the previous case, this applied stress varies between the

stiffeners because of pressure pillowing.

The fast fracture of the skin at a half crack length (a) of approximate-

ly two inches, shown in Figure 72 and 74, is typical for the FSDC crack

growth time histories.

In the residual strength analysis, the limit principal stress was assumed

to act perpendicular to the crack for the two bay skin crack with the center

stiffener intact (at crack initiation) cases, Figures 73 and 75. A linear

relation was assumed between the limit principal stresses at the centerline

and at the longeron for the circumferential crack case since the correct

distribution, a very difficult problem, has not been derived. For the longit-

udinal crack case, the limit principal stress was assumed to be constant

between frames for the same reason. As expected residual strength was more

critical in the wide spaced longeron region than in the close spaced region.
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Results of Damage Tolerance Analysis. - Table 22 presents the results of the

damage tolerance analyses of all of the check points, Figure 64. The analyses

considered the skin, stiffening, and adhesive (or rivets) to be elastic. The

structure shows positive margins for both Phase lb and Phase 2 loads.

The Effect of a Multi-mass/Multi-Spring Model and of Plasticity. - As pre-

viously stated, the FSDC damage tolerance analysis sunmmarized in Table 22
was based on elastic stiffening and adhesive (or rivets) and all stiffening

modeled as a single mass. The single mass represented longerons well but

needed to be checked for the frame/shear tee stiffening.

Coinparing Mass/Spring Model Results for Frame/Shear Tee Stiffening: - An

elastic/plastic analysis of the longitudinal skin crack at check point 0,

Figure 64, was made to compare the effect of the stiffening based on the one

mass/one spring model used in the FSDC analysis with that of a three mass/

three spring elastic/plastic IRAD model capability. The three mass/three

spring model is shown in Figure 76. The plasticity capability was included
164
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to check the stress state of the stiffening and fastening materials.

MASS 3

7075-76 SHEET

SPRING 3
(RLVET)

MASS 2 L\

MASS 1
(A O .00011

7075-TI3 SO IN.- SPRING 2 1-)
EXTRUSION

\\k SPRING I (ADHE$IV~l

MOMt~
STRUCTURE

FIGURE 76. THREE-MASSJTHRELýPRING MODE' FOR CHECK POINT 0

-The elastic'.plastir. or load-deflection models for the shear tee, frame,

*. adhesive, and rivot materials are shown in Figures 77, 78, 79 and 80 respec-
tively. The solution, in the form~ of the modification fa~ctor y versus the
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half crack length, is shown in Figure 81. For the maximum skin stress of

65368 psi, the frame outer cap and adhesive segment stresses were both

elastic. The agreement between the one mass-one spring model and the more

accurate three mass-three spring model, as shown in the Figure, was reason-

ably close and the one mass-one spring model conservative. An updated

analysis of check points with longitudinal skin cracks was, therefore, not

required.

Comparing Mass/Spring Model Results for the Wide Spaced Longeron Region. - An

elastic/plastic analysis of the circumferential skin crack at Check Point A,
Figure 64, was made to determine the stress state of the tear strap and of

the adhesive. Check Point A is one of the most critical locations for resi-

dual strength.

The three mass/three spring elastic/plastic model was used. The 7475-

T761 tear strap was divided into three masses and reconnected with two

infinite springs. Tile results from the multi-mass elastic analysis were

compared with the one mass/one spring elastic solution used in the FSDC

analysis as a check on the two solutions.

The elastic-plastic model for the tear strap is shown in Figure 82 and

the adhesive load-deflection model in Figure 83. The results of the analysis

are shown in Figure 84. Yhe solution for the maxitvium stress of 24899 psi (for

phase Ib loads) is plastic. The shift in they versus half crack length

curve to the final plastic values is shown by the targets marked with a Up."

The change is significant and shows the importance of determining the true

stress state of the stiffening.

Analysis - Test Correlation for a Transverse Riveted Splice Specimen. - A

transverse riveted splice specimen, Figure 85 was tested under constant

amplitude cyclic loading. The maximum stress was 10972 psi and the minimum

stress was 1046 psi. The panel failed at 166,300 cycles from cracks which

initiated voluntarily at the rivet holes. Hole #7 experienced the greatest

crack growth and the hole was analyzed.
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The analysis was based on: (a.) the preliminary da/dN vs AK data of

Figure 66, (b) the Bowie correction for a hole (reference 2), and (c) the

effect of fastener bearing in the hole. The best correlation was obtained

pi for a 25% load transfer in the rivet. This value along with preliminary
material data was then used to analyze the riveted splices of the FSDC,

Figure 86.

It should be noted that use of a collinear correction in the analysis

degraded the results. The diameter of the next rivet was so small that the

correction factor for adjacent holes had no effect on the solution.

Shear Interaction Test Specimen, - A curved stiffened panel specimen will

be tested under cyclic tension, compression, shear, and pressure, The en-

vironment will be room temperature and laboratory air.

The geometry represents the wide spaced region on the PABST fuselage

sidewall. The radius was 108 inches.

The specimen was analyzed for four damage tolerance flaws and for one

foreign object damage case, The locations of the assumed damage are shown

in Figures 87 and 88.

The load spectra is presented in Figure 89.

The assumed initial flaws were 0.25 inch through flaws. Flaws 01, 2

and 4 were assumed to be close to the light frame, the heavy frame, and the

longeron respectively. Crack 03 was a midbay crack.

The analysis included the effects of: Pressure pillowing, finite width,

effect of stiffening, bulging and non-unifom stress distribution.

The critical crack was crack #4. The crack growth time history is shown

in Figure 90. The residual strength diagram for crack 05 is presented in

Figure 91.

179



2.2

NEXT RIVET HOLE U2.0

1.9 u
'I0.

1,8

1.2

1.0

0.9/

BASED ON /
25% RIVET
LOAD
WBESTI
FIT) TEST CATA

0.7

0.

0.6 /RCE

0.

FIVURE ~ 0, 86.- ANLINISTCRRLTIONS~ FORBSETRVED RE)IEE SLC SEIE

In~tial



¶TPCENTERLINE '•'• TOP

- + . 4- -4411

1- F"*-- 4*

+

_ 3. 1

+4 +

14- LIGHT FRAME
4-p 4 "l" RESIOUAL

"WEST S_-___ _ _ -TRENGTH

4

HEAVY F.I.M6

+"4. I- T"

++

_______________LONGERON ON A
4- +E•. .CHANICAL. SP LCE -

44

+L

+ 4

- ---- -.

4 4 4 ++

FIGURE 87. CRACK LOCATIONS ON LEFT SIDE OF SHEAR PANEL

181



CENTERLINE

TOP

+ - +- + i-

-L+ +4--

4- +-

+1 4,

4-

4-

±EASTT

.9--

+

+

-4-

+ 4

4 44

+. +

IFIGURE 88. CRACK LOCATIONS ON RIGHT SIDE OF SHEAR PANEL

182



TIME SEC

5 10 15 20 25 30 35 3a

-20.
-40-

-480

-140
-160

5

4

rl2

TAXI O~w ALT CRUM$ VAXI CLIMB ALT 066"kVI AX CLOMO ALI DO5CENT;

cRumsU CRUM~

o. 6

SPECTRUM REPEATED 9500 TIMES 1 LIFETIME

FIGURE 89. SHEAR INTERACTION TEST SPECIMEN SPECTRA

STIFFNERLOCATION

6

HALF
CRACK 4- EU G

A UNINSPECrABLE
41NJ LIFF

IF

0 a t0 Is 20 26 30 35 40 45 6o 65 60 65 70 7

PRiESSUIRIZATIONS, X 10~

FIGURE 90. CRACK GROWTH TIME HISORY OF SHEAR INTERACTION PANEL CRACK NO. 4

183



70

S60
N 7  STIFFENER

50
I-

40

LU 30 S~~SKIN - •

cr 20 ,I- _ I

FOREIGN
OBJECT LIMIT

DAMAGE

0i 7 8 9 10 11 12 13' 14 15

HALF CRACK LENGTH a - IN.

FIGURE 91, RESIDUAL STRENGTH DIAGRAM FOR SHEAR INTERACTION PANEL CRACK NO. 5

Curved Test Panel With Door. - A curved stiffened specimen with a door will

be tested under cyclic 7.15 psi pressure loading. The environment will be
room temperature and laboratory air.

The geometry represents the forward section of the PABST fuselage.

The test panel is shown in Figure 92. The radius above Langeron I and

below Longeron 2 is 82 inches. Between the longero,is, the radius is 136

inches.

The specimen was analyzed for six damage tolerance flaws and two foreign "

object damage cases. The locations of the assumed damage are shown in Figure 1

92. The analysis included the same effects as for the shear interaction

test specimen.

The critical skin cracks were circumferential crack #4 and longitudinal

crack #5. The crack growth time histories as shown in Figure 93 and 94

respectively.
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Adhesive Bonded Joint Analysis

The ultimate mode analysis methods for adhesive bonded joints are

described in Reference 1 . The analysis of adhesive-bonded-double-strap

longitudinal splices is presented on pages 135-139 of that Reference and on

pages 141-143 for single-strap (flush) bonded circumferential splices. No

pure bonded single-lap splices were used.

This section describes the effect of damage tolerance requirements on

adhesive bonded joints, A thorough analysis of potential bond failures

associated with damage to metal elements in bonded structure is reported in

Reference 12. The conclusions for bonded joints are that:

(1) The analysis of the residual strength of damaged bonded structure

must be non-linear, accounting for adhesive plasticity, stiffener yielding,

and the change in load paths as a disbond progresses. Therefore,closed formu

solutions are more appropriate than finite-element ones.

(2) Most high loads in adhesive bonds result from fail safe damage to

metal structure rather than from high load transfer in the intact structure.

The reason is that fail safe damage does not necessarily occur in the smooth-

ly tapered region associated with known high load areas.

(3) Consideration of damage tolerance of bonded structure drives the*

configuration towards one of many small stiffeners, each with a high ratio

of bond width to cross-sectional area and spaced closer together than is

customary for riveted designs. The reason for this is that bonds are stiffer

than fasteners so the stiffeners can become disbonded. :. $

(4) Subject to satisfaction of condition (3), the secondary bond failure

associated with a primary metal failure is not usually instantaneously cata-

strophic. In most cases, a finite disbond occurs and is self arresting, re-

Squiring a greater load to propagate the disbond. This phenomenon has been

observed in tests.
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(5) If the geometry of (3) is violated, the failure mode will usually

consist of the stiffeners unzipping from end to end and falling off intact or
breaking at some remote location. The skin cra~.k will not be arrested., The

analytical prediction of this failure mode was verified by tests.

It should be noted that the non-linear analysis methods developed for

bonded single-lap joints were used to improve the longitudinal single-lap
mechanical skin splices. The key parameter as shown in the analysis is the

1/t ratio. A high ratio results in a smooth deflection at the joint which
minimizes the bending due to load path eccentricity. This is shown in

Figure 71 of Reference 1 . The 1/t ratio of 80 selected for the FSDC repre-

sents about a 33% stress concentration beyond the nominal operating stress.

A ratio of 20 would have resulted in the bending stress alone being equal to

the total FSOC stress.

A significant observation in regard to bonded joints in fuselage struc-

ture is that, for the metal gages used in the FSDC, the metal element usually

becomes critical before the bond. This conclusion applies to pure structure,

in which the yielding of the metal precedes any bond failure. It also holds

at discontiniuties in the metal elements, such as the frame cutout at stiff-

ener intersections, at which the initial problem is usually a fatigue crack

induced in the continuous member over a discontinuity. With a little

attention to the detailing to avoid peel-stress problems, the load levels

associated with bonded fuselage structure are not usually beyond what adhesive

bonds can withstand.
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TRADE STUDIES

This section contains trade studies which were used to determine the

merits of various combinations of structural arrangements, the impact on

NDI methods, and manufacturing and joining methods as they affect the

.{ selected and approved structural design concepts. The following trade studies

are included in this section.

Stiffener flange shape Trade Study

"Damage Tolerance Parametric Studies

4i



Stiffener. Flange Shape Study

Surmmary. - Two cross sections for the flange which is adhesively bonded to

the skin and/or doubler were evaluated, One cross section had a uniform

taper and the other had a constant thickness with a chamfer. The latter de-

sign was selected for the FSDC for the following reasons: 1) more effective

in stopping skin cracks, 2) easier to inspect with NDI, and 3) lower cost.

Purpose. - This trade study was conducted to determine the most efficient
cross sectional shape for the longeron and shear tee flange which is bonded

to the skin or doubler with respect to structural efficiency, inspectability,

and cost. The shapes which were evaluated are shown in Table 23. they are

the uniformly tapered flange and the constant thickness flange with chamfer.

Shape Selection. - The uniform taper was evaluated first since the uniformly

decreasing thickness appeared to provide a greater flexibility. This flexi-

bility was desirable for minimizing bondline tensile stresses along the

stiffener edge. However, the constant thickness flange with chamfer proved to
have greater advantages than the uniformly tapered flange. The constant

thickness flange is much easier to check with NDI equipment for evaluating

the condition of the bondline. In addition, it is much easier to install

mechanical fasteners with this type of flange arrangement. An example is the

attaching of the internal longeron on the circumferential butt splice at

station 523.

The constant thickness flange with the relatively thick edge is more

effective in slowing crack growth than the thinner uniformly tapered edge. A

skin crack growing toward a bonded stiffener is retarded better by a rapid

cross-sectional buildup in the stiffener area. This effectively holds the

crack tip shut and retards the growth under the stiffener. In the case of a
small area stiffener the crack tip is retarded very little. Stiffeners

with long thin bonded flanges have been found to generate a sympa-

thetic crack (in the stiffener) directly above the skin crack even

before the skin crack has emerged from the other side of the stiffener.
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Since a thin edge on the stiffener is needed to provide peel stress relief,
a compromise was made. A narrow tapered strip; i.e., chamfer at the flange

edge was adopted.

The constant thickness flange adopted for the frame shear tee and longer-

on greatly simplifies the design of the stretch forming die. The tapered

flange design would also necessitate a more complex machining operation on the

stretch forming die.

Test Panels. - A test panel was fabricated with test voids in the adhesive

by bonding a .050 inch thick .15 inch and .25 inch wide chamfered aluminum

doubler as shown in Figure 97. These voids simulated possible faying edge

bond defects of three different widths (.125 inch, .250 inch and .375 inch).

The panel was evaluated using the Fokker and NDT-210 Bondtesters to determine

if the design could be inspected by sonic methods. All three sizes of built-

in defects could be detected in the .25 chamfer side by both instruments.

The .15 chamfer side defects could not be detected using the NDT-210 Bond-

tester and the test using the Fokker instrument was determined to be im-

practical.

It was noted that the adhesive fillet at the faying edge of the test

specimen chamfers had been removed in machining and this absence of fillet

contributed to the success of the .25 chamfer test, In a production scheme,

... ..... the adhesive flash at the faying edge of the chamfer would have to be con-

trolled to permit the sonic testing of the chamfer area.

Two additional test panels were fabricated to simulate a "heavy" long-

eron (Figure97) and an area with several thick doublers such as the door

region as shown in Figure98. All panels were successfully fabricated and

inspected through the chamfered edge.
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TABLE 23
SUMMARY OF TAPERED FLANGE VERSUS CONSTANT t WITH EDGE CHAMFER

CONFIGURATION ADVANTAGES DISADVANTAGES

SYM ABOUT li CONSTANT oLESSWEIGHT DIFFICULT AND COSTLY TO
TAPER MATCH TAPERS FOR SPLICES

.00 DIFFICULT TO NOI
0 I 000 LESS EFFECTIVE IN STOPPING

SSKIN CRACKS
J.. COSTLIER TOOLING FOR

STRETCH FORMING

CONSTANT tWITH CHAMIFE R
SYM ABOUT Lj 0'~ oEASIERA TO SPLICE 0SLI6HTL't HEAVIER

0,0;0 0 RELATIVELY EAS'N TO NDI
0050 1~ MORE EFFECTIVE IN

0250 I-I STOPPING SKIN CRACKS

I lb LOWER TOOL ING COST
FOR STRETCH FORMING

NOTLL OIM.EN~IONSSHOWN ARE T" PICAL
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Damage Tolerance Parametric Studies

Five studies were performed during the design of the FSDC (Full Scale

Demonstration Component). Three studies investigated the sensitivity of life

prediction to variations in basic damage tolerance input data as follows:

* Study #1 - Effect of Variations in Aircraft Usage (Stress Spectra),

* Study #2 - Effect of Variations in Metallic Material Property Data

*Sd#-(da/dN vs AK), and

Study #3 -Effect of Variations in Initial Flaw Size.

The other two studies determined the effect of variations in geometry on

crack growth and on residual strength:

* Study #4 - Effect of Variations in Skin Thickness and in Longeron

Area and Spacing, and

"* Study #5 - Effect of Variations in Crack Stopper Area and Spacing
in the Wide Spaced Longeron Region.

The location of these studies on the FSDC structure is shown in Figure

99. The design criteria and analysis methods described in the criteria and

Damage Tolerance Sections were used 'including the slow crack growth criteria

of the MIL-A-83444 (USAF) specification.

The spectra and the limit stresses used in the crack growth and residual

strength analysis were based on airplane loads for the preliminary design

phase, Reference 1, pages 67 through 79. The internal loads were obtained by

the FORMAT finite element analysis method, as described in the Internal Loads

Section. The stress spectra values for studies #2 and #4 and for studies #1,

#3 and #5 are shown in Tables Al and A2 of the Appendix respectively. The

effect of skin pillowing between stiffening members due to pressure was

included.

The geometry associated with the studies is presented in Table 24. The

design of the structural members is shown in the Design Section.

The material data (da/ vs AK) for 2024-T3 bare sheet used for studies

#1, #3, #4, and #5 are shown in Figure 68. The material data for study #2
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i TABLE 24

STRUCTURAL GEOMETRY FOR STUDIES

N. TLOCATION LONGERON 2EONGERON
STUDY ON SKIN ORSTRAP OR STRAP FRAME FRAME

SNO. STRUCTURE THICKNESS AREA SP.ACING ...AREA SPACING

2
FIGURE INCHES INCHES INCHES INCHES INCHES

.STATION 655 0.213 26.3
WI DE SPACED (STRAP)

3 0.!-S'LONGERON.49• ~ ~~3 REG ION, AT 0.06 0488. .92.

SIDE OF (LONGERON)
FUSELAGEARIABLE VARIABLE

2 STATION 655, 0.05 0.219 14.7

CLOSE SPACED (LONGERON)
LONGERON

4 REGION, AT VARIABLE VARIABLE VARIABLE 0.515 24.0

TOPOF
FUSELAGE

is described in the subsection for that study. The Willenborg model with an

0.8 factor was used to account for retardation in all five studies.

All of the cracks analyzed were one bay circumferential skin cracks.

The principal stresses used in residual strength analyses were assumed to
act in a direction normal to the crack.

It can be seen from the study results presented in the following sub-

sections that small changes in basic input data can make large differences

in the life of the metallic structure.

Study #1. Effect of Variations in Aircraft Usage (Stress Spectre), - A

sensitivity study was conducted to determine the effect of variations in
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aircraft usage on life by comparing the associated changes in crack growth

time history. The usage affects the stress spectra.

The structure, materials, criteria and methods of analysis are described

on pagesl90 to 192. The five aircraft utilizations used are presented in

Table 25.

The basic spectra, utilization #1, is shown in Appendix Table A2. The

variations from the basic spectra utilization were:

qt* Utilization 2: 3000 hours removed from the low level mission and

added to the basic mission. See Appendix Table A3

for the spectra,

* Utilization 3: 3000 hours removed from the basic mission and

added to the low level mission. See Appendix A

Table A4 for the spectra,

° Utilization 4: Doubled the training effort and removed all of it

(1281 hours) from the basic mission. See Appendix

Table A5 for the spectra, and

° Utilization 5: Doubled the training effort and removed all of it

(1281 hours) from the low level resupply mission.

See Appendix Table A6 for the spectra.

The changes in the crack growth time history for a one bay crack for

all five spectra are shown in Figure 100. The maximum variation ranges from

88% of the basic life for Utilization2 to 116% for Utilization 3.

Study #2. Effect of Variations in Metallic Material Data da d vs AK). - The

effect of varying da/dN vsAK on life was studied using the stiffened skin

geometry of the close spaced longeron region, see Figure 99 and Table 24.

The average material property curves of 7475-T761 6are sheet, Figure 101

were used as the basis of the parametric study. The 7475-T761 alloy was a

candidate material studied in the PABST preliminary design phase for the skin.

The qualitative results for crack growth time history would also apply to

other aluminum alloys used for fuselage skins.

200



"-~.0 00 0 00 IT CO a ,- COD 0 0 r
o (, -% 0 Lr% C~ -. 0 O 0 ~ ) 'l

4-4 00 H % N N 0

0- H

N- .4~J 'W (1) %D % N- 00 0 a 00 OD 0 0 0
-4 ~ -~ ~ ~l -T CrI "I %D 00 00 ID 1 0 00 00 00

H O B~ N C% 0N ON IT7 H4 H- -7 1 0 0 H H

C) a C- OD a) a )
.H~04J N O ON C% C. IN ee H0 0 0 0

HI ~~00 C.4 H O H .7 C (4 H 0 0 C-

4J 44. N- C Cl 7

-4~~J- 7CO 0% H0 Hv ~
tn 0 00C c

Nt ý4.W 0) 0 C 0 0 00 0 0 0
0- E-4 0 ;j u0 COý CO %Q 00No 1 0 C0 0 0

4.4 , .0 COH Co Go co H0 HT -4 -1 'T C- 0
a- (d a3 a a a

61f-4 H 1.4 .06 %o 00 04N -? ".H4

CO H w o J V. H. NQ H- 00 r-4 04 0n 4. 00 0 C) r
Dw E-o 0~ N 0 H ON Ho Hn 00 'D CO ND IN L% 0 0

).4 1, I C

H 0 0' 0 0 a7 0- 0 0 0~~0 u.4H H- H4 H- H1 rA M 47% c'n N- 0 -7 U ~
0J 0N CO 4 co N- N 6 IT '7 N C4~ N

- 90

Ln Z C7. 0 H 0 H N % uA C) N. o
NW Ul H- COr4 N CID H4 m IT CO N -7 Id 0 0C0

0 00 ~co~H

0) CO to ~ ~ 0 0 ~N 0 7L~

0 f_ m c~..
1. H" r- N. P, 00 en 0% en~ r% .7 Ln Un

N0% P7 0 -7 H, ON% '7 CO N-4 0 ~ C

N 0%ý 0 0% %0 in r%. P-ý a o
14 41 94 HN

u ~ ' W4 (11 NT en I % 0% (1 (vZ ' 0
to 1A- V-1 N 0% N1 0% N Nt Nt 't 0 LIN VIN

OD 0 00 H 0 M 0 11%

U. .0a( 0 i '7 n 0 H H n Hn 0 0a
log 0 0-0 .0 P .P. i. r- 11 1, .m-D C 4 g

0 H H H 1 4 -1 14 D .N N),

u H

0 C)~ 0 0 a ) 0W ) C
H 1I~ 0 Q 0 .0n n , 0 In Lol In 

4 .9 u A10 CO
-v4 N 44 1 A 4N "H4 N V4J 14 H C4 H C-4 U C1 4- U

c;.0 10 fz 0Qw, O0 I 0 0 0

000



4

4Z 2

UTIULIZATION 2

3 
UTILIZATION5 

U A

UTILIZATION 1
z (BASIC) UTI LIZATION 4

S2
2

-A-

LL

0 10 20 30 40 50 60 70 80 90 100 110 120 130

FLIGHT HOURS x0-

FIGURE 100. THE EFFECT OF VARIATION IN AIRCRAFT USAGE ON LIFE PREDICTION

The variations in the material property curves from the initial values

selected for the study, Figure 101, were to shift:

the lower end of the curves to AK=3. at da/dn '10 , Figure 102
o the lower end of the curves to aK=1.35 at da/dn-8, Figure 103da/dda/dnFigu e O-0
o the entire set of curves laterally such that AK=3. at da/, 1

Figure 104; i.e., reducing crack growth rate, and
o the entire set of curves laterally such that aK=1.35 at da/dn "08

Figure 105; i.e., increasing crack growth rate.

The effect was studied for both circumferential and longitudinal skin
cracks using the longitudinal spectra of Appendix Table Al and the hoop
spectra generated by pressure only respectively. Skin pillowing effects due
to pressure were included.
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The results are shown in Figure 106 and 107. It can be seen that rela-

tively small changes inAK cause large changes in life. For the longitudinal

crack, the life remains the same for three of the perturbed curves because

the applied AK values occurred beyond the perturbed region of the shifted

material property curves.

The importance of obtaining accurate da/dN vsA K data for the damage

tolerance analysis of metallic structure cannot be emphasized too strongly.

Study #3 Effect of Variations in Initial Crack Size. - Three through-crack

sizes were used to determine the effect of initial crack size variation on

life. The total initial crack lengths (2A) were:

0.10", corresponding to the fail safe criteria of MIL-A-83444.

o 0.25", corresponding to the slow crack growth criteria of MIL-A-

83444, and

o 0.50", an arbitrary value.

The geometry of the wide spaced longeron region, Figure 99 and Table 25 was

used with a circumferential one bay skin crack. The material properties,

spectra, criteria, and methods used are described on pages 190 through 192.

The results are shown in Figure 108. The life increased 204% with the

50% decrease in total crack length from = 0.50" to 0.25." The life increased

446% for a decrease in initial total crack width from 0.50" to 0.10."

These life ratios apply only to the specific geometry, spectra, material

properties and retardation model used. However, the trend will hold for

other structural examples.

Study #4 Effect of Variation in Skin Thickness and in Longeron Area and

Spacing. - The effect of varying geometry on life and on residual strength

was studied using the combinations of skin thickness, (t), longeron area

(a), and spacing (S) shown in Table 26.

The spectra, material data, criteria, analysis methods and the location
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a 2a =0.25 2ai 0.10

HALF
CRACK,

IN.

2 ~ 2a, 0.5

0 10 20 30 40 50 60 70 80 90 100 110

FLIGHT HOURS 10

FIGURE 108. EFFECT OF INITIAL FLAW SIZE VARIATION ON LIFE

of the circumferential skin crack on the structure are described on pages 197
to 199.

Each combination of geometry was anal"-ed for: (a) crack growth time

history, (b) residual strength of a two bay crack with center stiffener in-

tact, and (c) 15 inch foreign object damage. An example solution is shown

in Figures 109 and 110 for the case of A = 0.237, S = 16.16, and t = 0.040.

It can be seen that this geometry does not meet the crack growth or the

residual strength criteria.

The results of the study are shown in Figure 111 for crack growth time

history. Residual strength was less critical. The combinations of geometry

were qualified to the slow crack growth uninspectable criteria of tý'.o life-

times; i.e., 60,000 flight hours. As can be seen, the life criteria was not

met for some of the geometries having a skin thickness less than 0.050". Life

is increased by increasing t and A and by decreasing S. These trends apply

to all structure but the numerical values shown apply only to the geometry,

spectra, initial flaw ,izes, and material properties used for this particular

study.
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TABLE 26

SKIN THICKNESS, LONGERON AREA AND SPACING VARIATIONS STUDIED

SKIN LONGERON LONGERON SMEARED INITIAL GAG STRESS
THICKNESS AREA SPACING THICKNESS GINITIAL SPEC T RA

0.0-40 0.237 11.90 0.0599 20,123

0.040 0.281 11.90 0.0636 18,952

0.040 0.313 11.90 0.0663 18,179{ 0.040 0.237 14.13 0.0568 21,221

0.040 0.281 14.13 0.0599 20,123

0.040 0,313 14.13 0.0622 19,379

0.040 0.237 16.16 0.0547 22,036

0.040 0.281 16.16 0,0574 21,000

0.040 0.313 16.16 0.0594 20,291

40.05 0.237 11.9 0.0699 17,194

0.05 0.281 11.9 0.0736 16,355

0.05 0.313 11.9 0.0763 15,737

0.071 0.237 11.90 0.0909 13,260

0,071 0.281 11.90 0.0946 12,741

40.071 0.313 11.90 0.0973 12.388

4.-0.071 0.237 14.13 0,0878 13,728

0.071 0,281 14.130,99120

0.071I 0,313 14,13 0.0932 12,933

0.071 0,237 16,16 0.0057 14,064

0.071 0,281 16.16 0.0884 13,635

0.071 0.313 16.16 0,9413,334

0.1 0.237 16.18 0,1147 10,509
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FIGURE 109. CRACK GROWTH TIME HISTORY FOR A 0.237, t 0.04, SPACING - 16.16

... "Figure 112 shows a plot of spectra initial stress value versus life for
all of the geometry combinations analyzed. The results fall on a single
curve; i.e., the life is a function of initial stress which in turn is a
function of smeared thickness, . Future sensitivity studies can be simpli-
fied by analyzing only enough geometries to describe the curve provided that
cases are chosen which fall on both sides of the required life. Attempts
were made in this study to predict the initial stress, and therefore the
geometry, that would just meet the required life. Data on one side of the
criteria value and the Formian equation for da/dN vsAK were used without
success. The accurate method is to read the required value from the curve
and then perform a damage tolerance analysis of the corresponding geometry
to verify the life and residual strength.
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A LOG-0.237, SPACING -16.16-IN., SKIN THICKNESS -0.0-40

70

~' 60

SKI

40 LIMIT PRINCIPAL 34.5 AT MID SAY

~LIMIT PRINCIPAL *27.3 AT LONGERON

HALF CRACK LENGTHa IN,

70 TWO SAY INTACT

60
CENTER STIF t* 0.040
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KSI MEET CR ITERIA
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30 

N MT
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HALF CRACK LENGTH, . IN.

p70 FOREIGN OBJECT DAMAGE

60OUTER ---- s0.40

aRES
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40 1-N
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20 I -

CUT HALF CRACK LENGTH, a, IN.
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FIGURE 110. RESIDUAL STRENGTH FOR A 0.237, t -0,04, SPACING *16.16
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Study #5 Effect of Variations in Crack Stopper Area and Spacing in the Wide

Spaced Longeron Relion. - The effect on life and residual strength of using

7475-T761 bare-sheet tear straps in the wide spaced longeron region, Figure

99 was studied by varying the strap area and spacing; i.e., increasing the

number of straps considered from two to five. The geometries studied are

summarized in Table 27. It can be seen that most straps were 3" x 0.071".

The criteria, analysis methods, spectra, and materials data are presented

on pages 190 through 192. The tear straps were considered to have no effect

on skin deflection; i.e., pillowing due to pressure, or on the skin shear

Sstress. However, the strap areas were included in the principal ((orin. and

one time (uO.T) stress calculations required by the design criteria. The first

longeron below the fuselage centerline, Figure 99, was considered to be the

center stiffener for residual strength and for foreign object damage analysis.

Figure 113 shows that at least two straps (26.3 inch spacing) are re-

quired for 0.213 square inch straps to meet the criteria for slow crack

growth. The stress level in the skin'uecreases~thus increasing the life as

the number of straps increases.

The results of the residual strength analyses for the geometries studied

are shown in Figures 114 through 120. The comparisons with the residual

strength criteria are summarized in Table 27. The greatest residual strength

improvement occurs from decreasing the spacing as can be seen from the results

for one, two, three, four and five 0.213 area straps. The effect of an increase

in strap area on residual strength is shown in Figures 118 and 119 for five

straps and in Figure 120 for two straps. Increasing the strap area produced

less improvement in residual strength than was achieved by decreasing the

spacing. This was especially true for the case of two straps, Figure 120,

where almost doubling the strap area produced an almost insignificant effect

on the residual strength capability.
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FIGURE 113. EFFECT ON LIFE OF VARYING TEAR STRAP SPACING FOR A O.213-SO-IN. STRAP
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SUMMARY

The Full Scale Demonstration Component is composed of a 42 foot long

bonded fuselage simulating the forward section of the C-15, a domed pressure

bulkhead and a strong back test support. This component combines and demon-

strates the concepts of close spaced internal longerons, wide spaced internal

longerons, and close spaced external longerons in the double contoured non-

constant section nose as well as the circular constant section. Wing to

fuselage interaction is also demonstrated by a simulated wing assembly.

The component is designed, based on the external loads applied at the

nose pressure bulkhead, floor structure, and wing front spars, in addition to

the internal pressurization loads. External loads were generated based on

the C-15 design speeds, gross weights, cargo loading capability and payloads.

Internal loads were generated using finite elements analysis techniques, and

the margins of safety calculated using static test results.

The design criteria was based on: (1) the C-15 design weight and basic

parameters applicable to PABST, (2) the applicable portions of the MIL-A-

008860A series and MIL-A-83444 (USAF) specifications and of MIL-STD-1530

(USAF).

The FSDC was analyzed for damage tolerance requirements using the geome-

try at 14 critical points on the fuselage, which were selected on the basis

of the phase Ib and preliminary phase 2 internal loads. Preliminary material

property data were used. The critical points were checked for slow crack

growth for phase Ib and preliminary phase 2 stress spectra. Retardation was

included. In addition, the structure was checked for two fail safe conditions:

(1) a two bay crack with central stiffener intact and (2) 15 inch foreign

object damage with the center stiffener broken. Sensitivity studies were

performed to study the effect on life prediction of variations in: (1) air-

craft usage, (2) material property data, (3) initial flQw size, and (4) geo-

metry in both the close spaced and wide spaced longeron regions.
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The variable stress spectra were based on the atmospheric turbulence
requirements of MIL-A-8861 specification and the flight maneuver, ground

taxi and landing impact data of MIL-A-8867 specification. A separate gust

plus maneuver turbulence spectrum was used for the low level , terrain

following segments of the flight profiles.

The flight profile distribution was based on the projected C-15 utiliza-

tion. This utilization requires a total 19,014 pressurizations per lifetime

of each aircraft. Pressure loads form a very large proportion of the total

stress and must be properly assessed. A stress spectrum for use in the damage

tolerance analysis was derived for each of the 14 critical check points.

The analyses performed for adhesive-bonded joints include the elastic-

plastic analysis of double-lap longitudinal splices, the geometrically non-
linear analysis of single-lap bonded joints used to set the 1/t ratio for the

longitudinal mechanical splices, the pillowing of the pressurized skin

restrained by the stiffeners from which it tries to peel off, and the geometri-

cally non-linear single-strap (flush) circumferential splices. Some work was

"accomplished also for one-dimensional and two-dimensional defects. In addi-

tion to the analyses above for intact structure, a series of analysis methods

was prepared to assess the residual strength of the adhesive bonds at dis-

continuities or cracks in the metal structure.
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CONCLUSIONS

During Phase II, the Full Scale Demonstration Component, a bonded large

forward fuselage section of a STOL type aircraft, was designed. It will be

fabricated in Phase III and tested in Phase IV. The design, analysis and

component testing accomplished to date have indicated that there are no

large pitfalls or surprises that would preclude the use of bonding for primary

fuselage structure.

In addition, in Phase II a series of tests were conducted to determine

the preconditioning, test environment, load rates and cycle that simulate
"real life" conditions for bonded structure. These tests include wedge

crack, lap shear, peel, thick adherend, double cantilever, neat adhesive and

RAAB specimens. The data was used to verify the use of bonding for aircraft

structure.

Three large component test specimens were designed during this phase.

A bonded stiffened shear-compression panel was fabricated and a fatigue test

in a room temperature - laboratory air environment started. An identical

panel will be tested in a real environment in Phase III. In addition, a

pressurized shell with a door representing a nose section will be fatigue

tested in Phase Ill.

The Phase II, III, and IV test data will be reported in subsequent

reports.
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APPENDIX A

The stress spectra for the damage tolerance parametric studies dis-

cussed in the Trade Studies Section are presented in this Appendix. Table

Al and A2 list the stress spectra for studies #2 and #4 and for studies #1,

#3, and #5 respectively. The spectra variations used in study #1 are

presented in Tables A3 through A6.

.....
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TABLE Al

STRESS SPECTRA FOR STUDIES NO. 2 AND NO. 4

ONE SPECTRA REPRESENTS i000 HOURS

LnAD NUMRFR nF NUM8ER OF SIGMA SIGMA
BLOCK CYCLES PER CYCLES AT MAX SMN

LOAD CYCLE END OF BLOCK

GAG 1. 241. ~ 41. 18159.00 -2217.00
FILT 2 478. 719. 4500.00 3150.00
FILT 3 639. 1358. 60.0 5850.00
FLT 4 5417. 6775. 9500.00 8550.00
FLT 5 440. 7215. 10500.00 9450.00
FLT 6 3545. 10760. 15500.00 13950.00
FIT 7 859. 1161q. 16500.00 14850.00
FLT 8 3435. 15054. 19500.00 17550.00
GAG 9 32. 15086. 1q912.00 -2313.00
FLT 10 6. 15092. 4500.00 3150.00
FLT 11 110. 15202. 5500.00 3850.00
FLT 12 14. 15216. 6500.00 4550.00
FLT 13 91. 15307. 7500.00 6750.00
FLT 14 11. 15318. 8500.00 5950.00
FLT 15 q61. 1627q. 10500.00 q450.00
FiT 16 276. 16555. 11500.00 10350.00
FLT 17 24. 16579. 12500.00 11250.00
FLT 18 3. 16582. 13500,00 9450.00
FLT 1q 91, 16673* 17500,00 15750.00
FLT 20 240. 16913. 20500.00 18450.00
FLT 21 56. 16969. 21500.00 L9350.00
FLT 22 5. 16974. 22500.00 20250.00
GAG 23 241. 17215. 18758.00 -2217.00
FLT 24 108. 17313. 3500.00 2450.00
FLT 25 808o 19131. 4500.00 3150.00
FLT 26 ?1. 18152. 550.00 2750.00
FLT 27 1681. 19833. 6500.00 5850.00
FLT 28 6. 19839. 7500.00 3750.00

J', FLT 29 5871. 25710. 9500.00 8550.00
FLT 30 487o 26197. 10500.00 9450.00
FLT 31 19. 26Z16. 11500.00 8050.00
FLT 32 1. 16217. 12500.00 3750.00
FLT 33 3262. 2q479. 15500.00 13950.00
FIT 34 817. 30296. 16500.00 14850.00
FLT 35 17. 30313. 17500.00 15750.00
FLT 36 3946. 34259o 0•500.00 17550.00
FIT 37 62. 34321. 20500.00 18450.00
FLT 3R 8. 34329. 21500.00 19350.00
GAG 3q 32. 34361. 1qq92.00 -2312.00
FLT 40 10. 3437L. 4500.00 3150.00
FLT 41 97. 34458. 5500.CO 3850.00
FLT 42 12. 34470. 6500.00 4550.00
FIT 43 88. 34558. 7500.00 6750.00FLT 44 88. 34569. 8500.00 5950.00
FLT 45 661. 35230. 10500,00 9450.00
FLT 46 172. 35402. 11500.00 10350.00
FLT 47 13. 35415. 12500.00 11250,00
FLT 48 1. 35416. t3500.00 q450.00
FLY 4q 7q. 354q3. 17500.00 15750.00
FLT 50 265. 35760. 20500.00 18450.00
FLT 51 57. 35817. 21500.00 19350.00
FLT 52 4. 35821. 22500.00 20250.00
GAG 53 41. 35862. 15325.00 -2217.00
FLT 54 7. 35865. 3V00).00 2450.00
FLT 55 100. 35q69. 4500.00 3150.00
FLT 56 2. 35971. 5500.00 2750.00
FLT 57 121. 36092. 6500.00 5850.00
"FLT 58 1283. 37375. S500.00 8550.00
FLT 59 93. 37468. 10500.00 9450.00
FLT 60 so 37413. 11500.00 8050.00
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TABLE Al (CONTINUED)

STRESS SPECTRA FOR STUDIES NO. 2 AND NO. 4

LOA0 NIIMRER nF NUMBER nF SIGMA SIGMA

BLO K CYCLES PER CYCLES AT MAX MIN
LOAD CYCLE END OF BLOCK

FLT 61 38. 37511. 13500.00 12150.00
FLT 62 4. 37515. 14500.00 1305n.00
FIT 63 1333. 3A84q. 15500.00 13q50.00
FIT 64 546. 39394, 16500,00 14850.00
FLT 65 15. 39409. 17500.00 15750.00
GAG 66 3. 3q412. 1647q.00 -2313.00
FLT 67 46. 39458. 5500.00 4950.00
FLT 68 12. 39470. 6500.00 585V.00
FLT 69 q. 39479. 7500.00 6750.00
FIT 70 1. 3q480. 8500.00 7650.00
FLT 71 49. 39529. 10500.00 9450.00
FLT 72 15. 39544. 11500.00 10350.00
FLT 73 1. 39545. 12500.00 11250.00
FIT 74 3. 39548. 15500.00 13q50.00
FIT 75 87. 39635. 17500.00 15750.00FLT 76 8. 39643. 18500.00 16650.00
FIT 77 to 39644. 19500.00 17550.00
GAG 78 41. 396R5. 11551.00 -2217.00
FIT 79 148. 39833. 500.00 450.00
FIT 10 1002. 40835. 3500.00 3150.00FLT 81 154. 40Q98, 8500.00 7650.00

FLT 82 4. 40993. 9500.00 6650.00

•FLT 83 214q. 43142. 12500.00 12150.00
FLT 84 54. 43196. 13500.00 12150.00
FIT 85 5. 43201. 14500.00 13050.00
GAG 86 3. 43204. 12226.00 -2313.00
FLT 87 1. 43205. 4500,00 3150,00
.FT 88 43. 43248. 5500.00 4950.00FLT 88 11. 4?25q. 6500.00 5850.00FLT 89 31. 43290. 7500.00 6750.00FLT q0 9. 43299. 8500.00 7650.00FLT q9 9. 43300. 9500.00 6650.00

FLT q3 10. 43310. 10500.00 9450.00
FIT 94 1. 43311. 11500.00 8050,00
FLT q5 96. 43407. 12500.00 11250,00
FLT 96 37. 43444. 13500.00 12150.00
FLT 97 3. 43447. 14500.00 13050.00
GAG 98 241. 43688. 2500.00 -2217.00
FLT 99 30102. 73790. 3500.00 2450.00
FLT i00 1187. 74977, 4500.00 1350.00
GAG l0o 41. 75018. 2500.00 -2217.00
FLT 102 184804. 25q8?2. 3500.00 2450.00
FLT 103 7286. 267108, 4500.00 1350.00
GAR 104 3. 267111. -2432.00 -2313.00
GA 105 50. 267161. 1764.00 -23q7.00
FLT 106 88000. 355161. 2500.00 750.00
FIT 107 26000. 381161. 3500.00 .350.00
GAG 108 50. 38 211. 3404.00 000
FLT 109 114057. 495268. 4500.00 3150n00

110 14307. 509575. 5500.00 1650.00
FL 1301. 510876, 6500.00 650.00
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TABLE A2

STRESS SPECTRA FOR STUDIES NO. I, NO. 3, AND NO. 5

ONE SPECTRA REPRESENTS 333.3 HOURS

LOAD NUMBER OF NUMRER OF SIGMA SIGMA

BLOCK CYCLES PER CYCLES AT MAX MIN
LOAD CYCLE END OF BLOCK

FIGAG 1 80. 80. 14237.00 263.00

G÷M 2 1280. 360. 12604.00 12516.00
G4÷M 3 60. 1520. 12634,.00 12486.00

G+M 4 1120. 2640. 12604.00 12560.10
G4m 5 400. 3040. 12634.00 12560.10
G.M 6 160. 3200. 1266.3.00 12560..')0
G.M 7 640. 3840. 14207.00 14119q.'0
G.M 8 S0. 3920. 14237.00 14089 . )0

F 2Gr. 9 11. 931. 147c,7. 00 441.00
G+m in 176. 41177. 1312.00 1 2 C1 50. In

S+M m 1 22. 4129. I1C,,3.(,1) 1?q89.)0
G.M 12 254. 47?81. 1 31?.00 13041L .o00

G. +M 1. VA4 1 PC41. o I'Ao .n

r+M 14 2?. 4360. 1"254. C0 13041. )0
+.M 15 5 . 4415. 147314.0 [ 4 145S. )0

Gm 16 . 4426. 147S7.0(0 14491.00

G+M 17 22. 4448. 14736.00 14645. 00
G.M Ii 11. 44S. 147S7.00 14641,00

F3GAG 11) 89. 4539. 14237.00 2f63.00

G+M 2) 1210. F)719. 12613.00 12515. )0

S+G M 21 160. 8R(,9. 12 ? .. 00 1248'i.)0
r,+ 22 1120. 719*. 12Y) 3. 0 0 12551.1i

G M 23 400. 7419. 12 63•3 . 10 12959,)0
0,M 24 120. 71,19. 17662•. u0 12551. )(

,4.tA 25 80. 7t,10 121q1.700 12559.10

G+M 2S 720. p33q, 14207.00 14119.)O
G+M 27 go. •841. 14217.00 14119.00

F4rG, 27 .400. 1 0 4541.(0 441 .:)0
GAM 2f 112. 056. 128"c7.00 12775.,10

r+M 3.) 28.58 14. 1 •7.00 1?735.30
31 88. e672. 12897.00 12836.10

G.M 1? 33. e705. 12)317100 12831.)0
GCM 3+ 11. 8716. ?017. 00 12 QSt. )0
G÷M 34 66. e781., 1450t.100 14370, 10

G+M 35 It. 87q3. 14041.00 14.39.00

W~f,A C 36 14. fq07. 17 6'ý2.00 2 61. (1

G+M 37 56. 06 3. s• 09.Co 10511.30

r, + 34 ?q. P891. 1260•.00 12515.00

G.M 9 420. 931). 1?603.0l0 12r59.00
G+M 41) 126, 9437. 1?66?.00 1255().00

r+M 41 42. q479. 126S2.00 12"59.)0

G4 42 14. ,49,. 12721.00 12559. )0

F6GAG 43 1. 9q44. 1 .400 441,,."

F GAM 44 3.. C517. 1213.00 11037.0

r+M 49 60. 4"23. 11189.00 11037.)0
G+m 45 6." 9'25. 11251.00 l1u37.)0
G.•m 47 5. S526. 131t1.00 1 037.00

F77;AG 4A 14, C 54n., p6n3.I0 263.10

F7G+M 49 70. 9610. 6589*00 65o1.)0,

(1+M S0 14. )6?4, 6619q.00 6471.00
G+M I lqh. 9R20. h589.0o 6545.'10
G+% ?1 560 q876. 6 1 qo.00 654 S.*10
G+M 53 10. 6 (:411.00 004'.0Q

G4M 54 47s. iq- 2 8%i4.no A 6 1
G+M 54 4?,* 04 ? ? * Eit4* 00 8(55'). 00
SGM 5s 410. 10/, •.4.('0 OS,0. 00

CG+M 57 42. 1(,6111 "1 •(' 0 8550.10
r+M .,8 14. 10037o 86866110 805 r)-l0
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TABLE A2 (CONTINUED)

STRESS SPECTRA FOR STUDIES NO. 1, 3 AND NO. 5

L A(r NUMBER OF NUMBER OF SIGMA SIGMA
St. OCK CYCLES PFR CYCLFS AT MAX MIN

LOAD CYCL E END OF BLOCK

FA rGAG, 59 1. 10633. 9306. 00 636,10
F8G+M 60 5. 10638, 711R.0• 6036. )0

S G+4" 61 1. 10(.39. 7179.00 6875.00
C.r,* 4 62 17. 1u6•.. 7118.00 702/1.)0
G+M 63 4. 1(tAo.. 7T179.O0 7027. O00
G• 64 1. f• t. 7240,00 7027.30

+M 65 ?. S94631 9123,0 R 141'i0
.GM 66 30. lo09q3. q9123.00 9032),10
G+M 67 9. IC702. 1; 184. C0 9032,00
G+M 68 3. 107015 1)245.00 9032,10
G+M 69 1. 10706. q306.00 9032.00

F9gr, A 70 80. IC786, 2645,00 263.10
rOGAG 71 82. 10.868, 2645.00 88.00
FIGAG 7? 5. 10873. 2645.00 343.00
F2GAG 73 17, 10890, 7645.00 168.10
F3GAG 74 17. 10907. 2645.00 593.00

'I"
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TABLE A3

STRESS SPECTRA WITH UTILIZATION 2 FOR STUDY NO. 1

ONE SPECTRA REPRESENTS 333.3 HOURS

LOAD NUMBER OF N UMB ER bF SIGMA SI GMA
BLOCK CYCLES PER CYCLES A T MA X MI N

LOAD CYCLE END OF BLOCK

FlGAG 1 191. 91. 14237.00 263.00
TAX!1 2469, 2560. 108.00 380.J0

T~1 33e66. 2926. 847.00 321.10
TAX91.43017. q05.00 2 63. 10

c, +3. 3?7u0. l;78.00 1 9u. 00
G+ki 6 1.333. 35q2.00 3494.00

C,+ 7 2-74. 3657. ."599.0o 61;01 .00
G : 4l 5120. l26s04.00 12516.00

C +M 9 183. 5 3)03. 12 6 ',. ('0 124PS.00
C, 0' 10 1? Q0' . 6 5 9 3. 1 ?(6.C 4 . 0 0 1 ? 536'1). 1)

C,+ 1 4!83. 7 2 403. 12(6 34. 00 121'.0

G+4 1 3 7,31. 79 S4 . 14? 7 r1.) 141 1 '*t. 1),

1?A;3. e05 8. 14 7; 7.f(h) 44 L.,)i)
(I+4 16 r0. ,18 ?S, 9C 1. ('0 2 3?25i. 0
+ i 17 38 . 8146. 4111 .00 391.)

7R ~1 4. 71 L1. 00 bQ36.)00
G +M lý 801 085, 13 li?. n, 12950.10
C, +m 21 2 5. 8410. 13 1.00) 12 1160. -0

211 7ý. 8 h . l13 t-400 101 OtI. I0
CM 2'? 61. 0(-4S. 13 1 1:. ",:) 13 041 .00

C+m 21 25. 8( 74. 132?i4.0,,) 13041 .00
C.+ k 24 1ý? 8737. 14 736. 00 14 9;4 0O

GM13. F 7 90. I It7 "7. PQ 14 4 ý.'33
Ct425. A7 7 5. I14 73 6. 00 14 64$.)5

G+m 27 13.1 P 7bd. 14 7S7.O00 14645.00

T Ay 20) 51. 0177. 14 ?)0-1 538. )0
T x 1 3') 13 . '19 0. IP117. 00 A4i41. 001

T 4x 1 3? 2461). I117950. 70 R. 00 3130. )0
T X 1 33 3,.1716. 04It7. 00 3 1 .00L
T AX! 34 1V 12'7. 09 . 00 1,61.*00

+ 3 5 274. 124A1 . I J791.00 18 8ý.) 1
G+A 36 54,). 130130. ~ 5 f? .0) A4 94.00

+ m 37 C) . 13121. 3612.001 3464.30
C 3. M 1 274. 1?309 6 5 6 . )00 61

G )91. 1 34A 6, 6111.00 6471.10
r. +M 401371 * 14 eý5 7 12b01.00 L251 9l . ) 6

GM 41 183. 15040., 12633.('0 12 4 85 , 0
G+~4 4')12s I~t ~ 1,?20. 1? 603,0l0 125 59.00f
G+M 43 45 , 16777. 1263 3.00 12 95). 10
G +m 44 137?, IAQ4, 171.62.00 2 255 Q.*00

+ 4j9 1, 17005. 176'12l00 12559.00
G.m 46 023, 17828. 1't2C7.o 14 11 q.1-0

F4 G '. 4q i 17932. 14541,00 441. 00
TAY 1 49) IP9 171. 112?.6.) 6136. W0
T AX 1 5') 5'), 1483?)..V S111,11
TM A ;1 13, P1334,. 1517.#01) 441 .10

r, +m 5? 3q, 1i. 2272.*On 2150o. W)
0+?1 53 ýAt 10410. 01 ?~.u) 3754.0

G+14M 54 Flo. I V460. 6 11 1 0) 6 f161.00)
r+4 5 ti 1el. 16 11 . 12 V,7. 00 12 77S s00

r+m 511 38, 19774, 12 937.00o 121116.00
5"0 13, U3t 78 271.00 12836. V)

6) 5V186?. 14 5 01 . 00 143179.0
G*m 61 13.1 pr 15, 14541.o0 14130.00
F564G 6? 14. 1.) 'Vi. 1261. 00 263,10

T A XI Al 310. te6.78,1.00 3 80. 00
T AX!1 64 516. is iP3. 847*110 321.110
T AX 1 61 14. 1 cl?Vl 90.0 qns t00
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TABILE A3 (CONTINUED)

STRESS SPECTRA WITH UTILIZATION 2 FOR STUDY NO. 1

LOAO NUMBER OF: NUMI3EP OF SIGMA SIGMA
.31 'IK CYCLFS PER CYCLES AT MA X MI N

LOAD CYCLE END OF BLOCK

C m 64 28. 1 (;3 A 5 1; 711, 00 39)
r+m 67 4?. 1 C,7 3592.00 3494.011

+M m~ 42.* 1144tq. 6 58.).0 6 5 N
C.+m 69 280. Ic,7?9. h589.00 f 0

G+4 71 70. 1971-9. 661').0f 6 9 ~0O

+.11716. 19t,27. 12A6?ý. 00 6 5 4S. 00

C. +M 76 42.1 2 0'''I I 126,)3.00 12Ri.0
+mt~ 7$_ 12. 2645 7. 12362. 00 1 'ý.4 J 0)

T AX 1 79 27. 2 05 41.1 13el2?..00630
TAX 1 80 4. ? 01'4 5 14?0.00O S.100
TAXI1 81 1.1 201)46. 1517.00 441.1 0

8? 3. 20549, 2501.00 -23? .00
Gm 83 3. ?05~52. 4111.00 3929. 00

G+m 84 7,o 05q, 7118.00 6936.)00
G, + lr 0 1)60. 71 7q.00 68 7ci.00

G+m 86 23,O 05 A3, 11123.00 1103 7. 10
C,+ \4 87 6 2058q. 1119. 00 1103 7. 00

+ m 89 25 ('9 2, 1110 110 37.10 0
F7GAG d0 t, Cf~ 2683.ro
TAY I 91t 37$, 2 -)("14 7 9 . (i) 'L .0
T AXI 9? 51, 2 1C40. F4 7.01 12i. M0
T A <1 9 3 4 '0, r )5e0 110
C , ~4~ +m 1046, 1 r. 7!0.00 1 lPM. 10

G. 14. 21152. (619.00 64 71.10
1C, +M~ 97I).218. V; A ). 0) .

G*M~~~ 14? 18.2~0. es.C
It)10 154, 66404 9i. rO 6 '4S 11

C, m 10 ? 4?. ?14 6 8h93.0%) 895C0. )0
r, +k 104 14, 27160. 8693.00, " 0 1

F RGAG 10i 1. 2 161. '06. 00 t,'A6. 10
T,& 10 4, 2 1 e, . 13 ?? 0' 63A, )o

G4 tn3. 1 4 1 L1W00 3,( 0
II +m 109 5. ý21 ?6. 711,1,00 6936,.10

rM 410 inI 2f2177 71 71 79. 00 6 r 1
G+M I It 17.4 2 10 711 A#01) 712?7.00
G +4 1 1? 4. 2?1 8. 71 79.00 702 7.00)
C, +mH 113 1. 1 1 1 . . 7240. 00 7027. 00
C) +A 1 14 ?1 11 1V q1R14 0 90 ,10

r,.m 1 16 2274?'0, c1184.100 n03 1.0

F4 CA G I119 1 ? 3 5. 2 1-4 Ij10 0 261. 101
TAX I1 -1)2 4572. 2 b0 7. 7 18 1 C0) 33l. 00
TIt X I I )I A23. 277110, 14 7. 00 311 .100
T A XI I1.'? 91 2702)1.1 C905.100 2 6 3. 00

G~m 1231 0046. 3 rig?6 ~ 71,*V0 till.%00
G *4 124, 2 3 77. 38244. 1006.00 858. 00

G +%I11 1035.00 829.1)0

FOfAG r. I?.I82 3q9%60. 2645. 00 88.00
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TABLE A3 (CONTINUED)

STRESS SPECTRA WITH UTILIZATION 2 FOR STUDY NO. I

tLOgO NUMBER OF NUMBER OF SIGMA SIGMA
-L,irK CC-LE6I PFR CYC.LES AT MAX MIN

LOAD CYQ r JEND, OF BLOCK
TAXI 19) 6 A(). 1O05hf. l84.O0 3R0.10
TAXtI 1301 45,1•2. 149750. 847.O1 321.',1
TAXI 111 16401,. 16215%). 905.* h) 20. )0
TAXt 132 4346. ,-4qt, q64, 00 204.,0
TAXI '31 716. 167234. 1022.0() 146.1')
TAXt 1 1" 9'2. 167116. 101)1. 00 s. )o

i+fM 1 h 2•7 76. 427002. c74.00 8808.10
G: +,F 4 "• 13 7f 71,'l• A• 14 o . 1(. •) 85.' -.)0}
C. 1 0 +m, '4t.0 7. 1 V-) C& 1 2, 710* 0')
G., 13' 3,Th4. .'v. o 77,3. "k0
r. 3-,4• S•, 1?, r 1) ?,8, . I r ,; . 0( 771),,10+• m, , 1 4, ) 1 27 ' r q n', ! R 6 . I I P i 0, 0 7 4 w , .0 0
6(ý4 14 1 r Pw . i C' 8 10.15.0) 71l.30
:0+M 1.4 ? .? 0"1076. 11 •33.00 1 11 ..0

Fir, .G J'*4 S. 45j?7. 2ý'45.00 343. Wd
..T 1'AXT t4 120'1. 55297 7. I 3??. 00 636. V)
TAY1 l4t 21•. r. 5.17;;. 142).00 53A. )1,
TA)(I 147 3S7r.2•qŽ7. ISu17. 00 441.10
"TAX I 1 4F 5. r-2F ) . 1614i.011 341.1-1

C 4+' 1 4( 13 L63t. 9 0t1JT . 19? 5,O0) 12 3 ..')'1

1;'. 40 I 0. 572w, 1 ?. 1 7 "1.0b 10 12 6 -W

+'4 15 16 30 .. S713,t. 171.0')0 957.00
5 *M :) t. ;, 72? 7. 1 p'.oo 1001 . )a

M GG L4 . 5 7 2 a. 2145 1.•00 10810

•.TAXI 15') 1 615. 974I,1 t. 9'3b.0d,) 6b 0
ITAXI 1r) 31.1. %7%334. 147. 00 5,I, f)

TAXI 1 "i 4,25. '57", 75, * I CAI, 0O .,' .ý TAMI 1s2 Is. 57 776. 1 174,.00 116H. )0,

F1836. 596Aq?. G 1S426.0 0 1082.00

GTM 16$4 X I5. 1 699741 130O,0O6 976004.

GT,4 X 16) 17. Siq~thI5. 14l;.A)1
TXG 3I. IqAS 6q. 6r7O 16.00 839.00

r, +m Jill 14960. 5s907,. 1563.n 1 714'0.)

-60 17r4 144?Q. 6Sq ' , I loe". 12 !,60.1 ,)) a
r 44). 1.11377. +m 1.O') 1457.40001-

G+M'A '()5,)P.q~ ?3?'.UL) 19!t.0)

.G+m LIN7 721. 0 sC029. 1431,00 I 226.10'

+ m 16V 4I. -,iC. 0' 7. 2711.00 O 8.; 0
aS IGE 3 9F57fT. 2b645,0 1 92•40,2)O

F Ar) 1 654?n)4 6 1.0. 1 1

::+i.~ ~ ItI AE YI tI m'} ,s.,I' mbC' ,•d,. 3

i7 . . . 9% 7L .. .. q,,+' 1.. .. fo 0 0 7+ O L 0 0



TABLE A4

STRESS SPECTRA WITH UTILIZATION 3 FOR STUDY NO. 1

ONE SPECTRA REPRESENTS 333.3 HOURS

L OAf) NLUMBEP OF NUIMRFR OF STCMA SIGMA
StLfnl( CYCLF, PFR CYC.FS A T MAX MIN

LnAO) CYCLE END OF BLOCK

F Ir, AG 1 69. 6q. 14237.00 263.0
TAXI ].854. 1923. 78.4.00 380.00
TAX I 3 275. ?198, 847.00 321.00
TAX I 4 69. 2267. qn5.00 263. O0

r +M 5 13 7. 2404. 1 c7ý.03 1890.00
C, +, 137. 2r 4l. 35R2.00 3404.00
( +m 7 20,. ?747. 6559q.n 65 01. 00)
(;+M 8 10q, 384A. 12(1)4.00, 125 16b.1
rGM 9 137. 9 03. l? 14.00( 124 86. ]0
GeM t1 o... c4, 4. 12t04. 00 12r60. nn

.+ "43. 5?1,7. 12f 14.001 12;t ).,)0

rG+M 13 4,9 , 5r73. 14207. On 141 1Q.10O.G+4 14 69. 6042, 1421 7. 01 14 198 . -'0

F2C, Atr II ') 6()'. 147c7. 0O 441, 11,
C.+4 1 1!.9 60A%. ?'7.00 23 2 5.10•.G+4 17 11•I 7* 411 1. O1 3',2q, 10

(,+M 14 ?2, 4-145, 71 L.00 6113h, J0
1, 1,gl * 6296. 13 It2. 00 12 qr,). OU,. G+M 0( 19., j31l 13 1 '). 00 12e~g. On

,;+M 1 13?. tI447. 13 I132. 0 13041. )0
G + ?? 47. 1.1"; 4. 131lC.00 1,041 .00
C+M 23 6"13. 13?S4. no 13041.)00
G+4 f4 47. 14716.0) 14c.54. 10
r. +,M 9,;. 9161,. t',7' 7.00 14413.)0
,:GM ?6 1Q. cA 14 '".00 14645.00
r 4+M ?7 '. c7,7 14797.Cu l45.)00

T AXI t 1 I~.f~. ~~
T? 38. X,11q. 421 . 0 53 P.00
T AXP q•, I. c.l 1.0.: 4 41.')

F3GAG 31 69. 1967. 14?27. 00T AV 3• ?9•4 I 9r, 4 iP.O 4(iOo, tin
'AX 1 1 275. 9"t Y', o7.0n 32 .10
T AV! 34 04 q. ) 16 W5.t 2Al. OJ

r.)6. +371 4 is ?0.0O ,
r. 4 31 41?. ?N3. 511 s.) 34., tO 1,94.110

G.M ~ ~ ~ ~ ~ ~ ' 30 20 ? 1O8 5). 00 60.'
rs k 39*~ 10127, 6t 1H.C(0 ( 1.0

44M 40 100•. 11157. 126 )1. ll. 12511.100
(1, 04 41 137. 11?294, 1 33,00 24 ', 0
G.M I, t61. I:?.', 12603.no 12554.00
G(+0.4 43 343. 12598. 10633.00 12559.00 *1
G4M 4', 10. 17701. 12662*00 1255q.00

45 60. 12770. 17?4(C.0 12559.0 10
C * 4 46 6111. 133#i0. 14?17.O0 14119.00 7

r,, + 47 6q. 1 14 14?37.00 1411n,130
P4GW. 48 Q, 134E66. 14S41.00 441,00
TAxI t t) 2sq. 137756 1172,00 6, 6 , 10
TAXI Ct 3I8, 13763. 14,20,

A S11772. 11:1 7. 00 to41. 11TAXI 51 28 3•0(. V37.r.,0 21[50.,)0G.M '? 7?R.6
SIMq43 I 1'4?M ",.C0 ~ Ae~1

r, t;M li 113 l'Se. 1?•' 7, 12775 00
G*M 4? 3V. 1407I .I2ftI. 0i) 1.,)1

. G.M %) ". 111 tO. 12q77.0 0 12775.)0
G0m 1 0 756 l140 3. 12 ,51. 00 124 316.00* G gM l (I. 1410. 145271.00 1437i. )0

-F5AG 62 14,. 14tl. 1?6c,2.00 263.00

•s. 239 THIS PAGE B15 '.' B 3UAL1ý¥ PAIGj
L "~~ V~f~ _

* ~~i..



TABLE A4 (CONTINUED)

STRESS SPECTRA WITH UTILIZATION 3 FOR STUDY NO. 1

LM•D [4tMRFR OF NUJMIIFR OF S I MA SIGMA
"BLOCK CYCLFr PFR CYCLES AT MAX MIN

LLOAD CYCI E ENO OF BULICK

TAXI 6 3 37 .3I. 14ht i7. ,1 .Ko
T - AX 1G 5(0 1q . •Jt7.(O 1• . 0

4 TAXI 69 1.9 ,. 0 261 .00
GC,fM h6 08. 14137. Iq-1.O.00 8Oýn.
r,• + 7 12 it 7 17. 5n2 . 00 •494 . "10

S+ A 42. 1I74q. t•qi:. 0 6501 )11
, G*M 69 28SO. 1"0?9. 60 '). 0r 0

SG+M 70 70. 1 50c 9. 661P).00 6545.00
G,+*1 71 28. 19127. 1,6 1. 00 6)545 .0
C, M 79 2 6. 1t;1 '3. 10 's 9.00 10;11. )0

"73 28. 1',2t1, 1Th0.O0 1251'i,0
C= 4-M 74 1?6. 12559. 1066.000

S76 42. 1P'719. 1 6 Q.00 125 )9,.10
G. O+t 77 11) t, 1-q[ Is. 12 771 0.)} )2i q 0

F6 (, r 78 1 1 19q8I(. 11 111 .00 ,441. 31
TAXT 79 ?7. 19,46. 1322 . 0,) 636. 0o
"'AX I q 4. 15 P1;0. 1't20 .f) 5 3 9,Q0
TAXI 1 I. I%9. S17 .00 441 .•00

+ 1 3. L5854* ?S07.00 2 125 .1) 0
G3. + 1857. 4111.00 3929.00
-G+4 A 4 7. 15ft64. 7113.00 6936. 00
r, +. 158A,5. 7179,00 687. 00

;+ A q) 23. 15 11, il 12A.00 11037. ")0
G( +1 17? 1. 89 4. 1118,1. (it [I1037 . Oo

.. '+!4 `1 A 2. 5f, 7h . I Iýr'O .O('1) l t'7."10
C M 8 91) Vt. t q 7. 1 t31 . 01 110 37,.00

F7(GAG 90 14. 15.01 . 8eS3 . V
T AV I S 318 *A?•0. 7i *. 0, 3 %). 0L)
T X I ? `6. 11"4). 9t4 7. 00 1,3 .oo
T.XI 3 lAX . 1 ,399.. on A . on

+ 94 4?. 11 41 1t. 1') T .7(i 1800.,00
,"+-m 4?. 1 4 31, 3 h'.0,) 30j4 , 30

+ ,+ 14. 1 4 '7. (.(,19.00 6471 .00
9+ \7 1(14, *t-I 93. 6 %1). n) ,

r,+ 9 9 A;'I. I t7OQ. 6 1, 1.0 01 4I- . ,h)
C9 q) 14. 1 67,' 3. b bIt , 3. 0 P49) !0
G+M 1')' I'. 1, 7f)5. P;14.°00 $1OA. )o)

kiM 11) 44)0. 7?ý'ýS Pr .('34 ,00 8111 0. )0
S(;+M I)? I 4. 1 71,' P P t, 0 O0 0 A 0. "n

+m1 10) 1 71, 51 . it( 10. 00 89 '00
+ l 4 14. L 74t S. ,'A3.00 6r,".0. )30

s *, A 1 4 7466. 91,'),". . 00 no
TAX 1 106 4,. 1 7470. 1 C0?.() 61b. 130

G+M I 1? 3. 1 747"7 . ?1'0 .00 2?21 .1r, On
4C,. 18 k 1. 11, 76. 41 .11.0' 3 ,Q. 31

IGM !'') i, I 7 . 71111.00 0, Q 3t. 10
(;+'i til 1. 1 7',1? . 717 ,.00 6479. oo
,G+M 1 17. 1 14,, . 71111.00 7027.31)

+GIM ? 4. 1 ?9ol. 71 N'.rVo 704"7. 10
';+' 1 1X I * I ?','•4, l??').O0' ?0'72.do•
(+eM 15 ( I11106. 1 3 .n00 8n4 1. )0
6'0 *M It 30. 1 7',, l 3 n 90~'*
G 1 16 9. I '1",4 • . 91 114. 0 0 q 0A.)). 0 0
( M 1 1 1. I A' .1 P4),00 4Pt) .0.4
G., 1 1III I ?'U41). '0,1%.) 0' 03 . ]0,

IFL6 I 7)1 4'),. 2b 4'. ,0 1) ? 6 .00
TAXI 120 4572. 2 2 12. 7 0. q (0 18i3. 10
T AX I 1' ,ll A ". 2" 1 .I1 s. h700 321.,0
TAXI 1 1'$') 2()?6. I'q,(I 0 1i,)1,k

r+M 1?1 80 46 3111.. 07 .0 0 8ti0•,
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TABLE A4 (CONTINUED)

STRESS SPECTRA WITH UTILIZATION 3 FOR STUDY NO. 1

ILnA NUJMRER OF NUJMBFR OF SIGMA SIGMA
RLOCK CYCLFS PER CYCI ES AT MAX MIN

LOAD CYCLE END IF RLOCK

C G+M 1?4 2377. 33`49. 1C06.00 858.00
r.,+M 1?5 777. 34326. 1035.00 829.10
GI: 12( 366. 34f-`2. 1CA5.00 79q.O0

(, -+N 127 q9. 347P3. 1004.00 770.00
,FO •., IR q?. 34P•-5. 2645.00 88.00

TAX I P2q 61008. c)r873, 7hQ.00 380.k00
T AX! tI ) 1oP2. 1410,5. (, ,.n,) 321. 10
TAX I 11I1 16400. 11 145i. .;IS.C0 263. )0
TAyi I it 1'4 l. ItIt.o1 * c4 .0 ?04.00
TAXI Vi3 738. , 1C??. ,o 146. 10
T AY 134 11. 1A6? 2 . 1!"q.00 Io1.00

G*+ g ?5q' P,4.. 12"'3 7. n71,. 0 8e.. 10
7674 0 14, 7671? ( i( . a). 8 (106.0"
11(;- l31 1 C•s 1 0 047. (1 5.V) 0 1.

C+M v P,, 13 2, 54 7 70. 7I,.O . .)0
>4-M ( -') 3 ' ,. *- %4 --3. 0 4. Ol 770.;0)

,+' 141 370. r 1 r,,; .Sl1 740. 00
G. IM 1It1 574, 1'• . ;,I 3. 0 711.00r, .+m 142 ?z•.54, 1 . I I ,B .(10 68L. )0
G: G+-M 14 3 r)(, 4A 1,: . d 4 9. 00 2 4 8. 1)O

FIGAG 1t4 '). •, h3?. ?t45. 00 341.-)0
TAV 1 4' 7d. 54A'). I??. CO b36. ,)0
"TAY I I 21. 5)4I, 7. 14"0. 9 538.10
TAY 1 147 0ý. •4U13. 1•91 7.00 4,41 . 10
TAX I 4 It' 4 P . 1"1 .00 341.310'C".•(, + P t4 4 c 1 3 3 '0 . 5 h P ih7 . I ISI ? L , 3 . 10

-. +M 1 .' 3+40. 59'6'" )7. 15(66. 0) 1262. )0
r.M I I112. 547u4?. 11, 2.0 tOl ..0)
1 .+M 0'i? 7 1l7 U 1 .f,,fl. 14 1 0.00

+(' 9•1 A (. 177F7. 1 749'.00 1079,00
G. + m I 'i0. 57. 7t V7. I?64.t 0148. 00

rF? ' Vg 26. 5 t, .7-Q 17. I p .(1 ,A. 010

•'TAX! 1•') 4844q. 5t7~tl'* ce~ 4Th. 10Tr7 140 351'. 37 .. 1-11 4 .(. 0 0T .,) A
G + XI 1s,1 1 h. 574,307. 10,I.00 4i.? 4 00

F, 2: C,60 1 3 4,1 21)l . 52 q b 2 t" •GOr I 1",1 .,)O

T-M &X 4 11271. 5371',0. 10?4.00 lObd.0 (0

G+M m I So8 . (-41206. 13144 . 00 1022.00
r, +.:.- s 17, 8A5. t4 ?'1( I * 1. 1300.00 976. .00
G +M IA7 663. S4"•At,, . 1435.00) Q31.)o
"t (;I• . ,,A4 "17rg. 14A .00 8'•;. 0o
' 4 f' 110 1. 6t 4 ?-1 07. 115 13.00 793.00

M 171) 21. A43?A4. 1 '4.Cif I S 194.00
TAx 1 173 255. 64,'1ý9. 1t",O, 70?.00

T Ii T I It' 1 1 *e,.1q r,,, " 3,.00 ',,,3.if+ I tS 44q A. I, 1' 1 . 1 ;, 1. Ol"'. 04)

(,4M liCA 1326"). 7A1 "G7. 2170, t4lP;;'. (0
TAX 1 173 52"5g.1 c2 1.00 7017.,)0
T ',' t78 1 ' * 7f( ,II 'I 2II I.fO )13.1.00

G.., j7(J . 71+ M 13. IS 44.4 0 I h 226. 10
G.4 II. 1 l • 71 7 ,u . ?1;1,. 1O I O 1 . 00

r,, . I.'• 51. 71 1 1" . 2771.00 1 92 .10

M('S l11 3 6;. 7 01;SA. 2 .4;.00 00 71 ,4 0
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TABLE A5

STRESS SPECTRA WITH UTILIZATION 4 FOR STUDY NO. 1

ONE SPECTRA REPRESENTS 333.3 HOURS
LOAn NUMBER OF NUMBER OF SIGMA SIrmA
BLOCK CYCLES PFP CYCLES AT MAX MrN

LOAD CYCLE END OF BL0CK

FIGNG t 75. 75. 14237.00 263.00
TAY 1 2 2030. 2105. 7PP.00 380.00
T AY I 3 301. 2406. 847.00 321 .00
T TAX I 4 75. 2401. 905.00 263 . n0

r,+M 5 1O. 26331. 1'78.00 18'0.0o
c +,H 6 1.50. 2781. 398?. 00 Q49l. 0
C, 7 226. 3C07. 69 9. (00 650 . 30

8 1203. 4210. 12604.C0 12516. )0
Cl + 1 10. 4360. 12634.00 12486.00

+ to 10'3. 5413. 12 6)4.00 12i 60).)0
C,+ Ii 376. 5789. 12614.00 12560.13
r,+ 12 150. 5939. 17,33.00 12560. 0
C,+ Ik 601. 6540. 1'.2C7.00 1411in.,)0
G+m 14 75. t:6615. 14237. rC 140PI.0O

G +,, M 6 4. 141 6,6 2507.00 2325.10
G+M 17 31. f 61, 41 11 .00 3q29.9)0
r, %A 1 31. 67? 3. 711R.00 69"6.)0
(;+m 19 1I5 tn'. 5. 13 .0 129r,',. )0
(+M 20 21. f<714. 13t9i.0() 12889.00
t" + M 145. 70r9. 131312.0o 13 t)41.00
r,+3 ?2 52, 711 1. 131q3.00 13041 . 00
G+43 21. 7132. ? 4 4.C0 131)41. )0
G+M 24 32. 71-4. 14734.00 1454. 11)
S+10. 71911. 14 1 7.00 l44ý3. )0

+M 27 21. 72 1 . 147S7.,00 14A45 . 00

TAX!I 2q '7. 7i -4. 13?? .o00 631). 00
T AX ,TA 1 41. 71"4S. 142).00 511.,)' o
TAX I 10 . 7;r 5. 1517.00 144.00

F3 r,G 31 75. 763,1. 14?P 7.C0 203.110
TF\X I 20,,n . 60 . I b 01) 3110,00
T XT 1 1 '1. col. 0 47,0-1 321 .00
TAX 1 "4 75. 1003'1. 905.00 ?631, 00

r, *4 15 ??6. 1026i, 1911.00 1800.)0
q al3 4)1.. 107 13. "A588 .'V0 34v4.00
(.- +,M 37 75. 107eS. 5 1 .00 3464.,)00
, 3+ Ki "48 ?ý6, 11014. 6589.00 6"01,. 00

CG+M 39 75. 11089. 6619.00 64T1.00
C, G+M /to 1128. 12217. 12603.00 12515.00
G÷M 41 150. 12367. 12633.00 12485.00
G+M 42 105i. 13420). 1?6.M,00 12"59.10

+,A 43 376•. 13796. 12033o00 1255..10
", + k 44 111. 1390q. 126f? .00 1?559.')0
C.,M 45 75. 13?7 4., 122,0S5n 0

46 677. 14661. 142l.0 O.0 141 19. 00
r,,.+ 47 75. 14, 16. 14,'7.O0 141 In.)•0

4: r, I S 4t.,in,10. 14746. 14 594001 441. 40 0 .O
T AxI1 49 ?79. 1525. 1r,2(2' 6113.10
ThXI 50 41. 1'Of 6. 14? .,00 53R.001)T TAVI r, 1 10. 1 r,07 A,. Ir,1 7. 00 r441 . 00

•,:q"2 21. 1 r, I ) . 7•? 7".en 2150.100
1:G M • 31. 151 jt. 1,176.00 3 754 . 01

r +,A 54 11 • 79. A9!?I.C ("0 6761 00
r. ,+ l 5s 1?4. 1 rll03. 17HCt. 00 1277S. 00

6 k.1 1. ? . 1r 2?4. 12,"I.1 00 12719.00
r 1+4 57 83. 1),07. 12c?1n.o0 1 ; 36. 0
G + M 58 131. 15;3•'. 3? 37.0 814•,.,r0r;. +, q, 1n. 1 S,4 4 .1 2c, 77.n0 k) 3!:,. 00 .r,- 1,2 •i . r5t . 14379.00

C,",,G 4 61 1t. .' ? . 14541 .00 1431.c)00
F5 r A 'r,. O?6(12. 00 2A3. )0
T AV I 61 7156I. ,1604. 7eq. 0) flu.,0
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TABLE A5 (CONTINUED)

STRESS SPECTRA WITH UTILIZATION 4 FOR STUDY NO, 1
SI OF$GMA St G MA

t.OAfl NUMBER OF NUMBER 1F SI S1l

BLOCK CYCLES PFR JYCLES AT MAX MI
LLOAD CYCLE END OF BLOCK

TAX 64ii? 1616.847. (1 321.00AX Ih4 112• . 96,3. 58.00 V-3.00.o

T7 G+X aT v4. 1(5"t4. 35$2.n0 3494.00

iG.M 68 1 84. * U(4. 6'-4, O 6•01 .00

G+ h 6c) 540 1722.. boo 6545. 10
G* 0140. 17 ' ýP. 661).fl0r)
+m l6. 17424. h6448F.C00O '1~.100G÷• 72 112. 17"ll,3 . 1 % .O 1251 1. 0

(• 7• 5B.175§2. t7•,)( 3. 0'.)bt .•

74 840. 1S43?. 1hS0O 1255 .G0
+ 79 252. 186 84p 1? 643. . c. 00 1255qbO1

n.4M 76 84. -7*. 116L?.. , 2959. ),q+ \ 77 28. 1 87,48. 11??1. 00 42 41 -10
F6SGN G 78 7. laSq. 1t322.00 636,.10

TAXI 79 54. 5,fRS. 11?2.00 636.00
TAXI 80 8. e860. 1420.00 538,.0
TAXI 80 2. 18W6?. 1517.00 441. 00

G+M 22 6. sI868• 2507.00 2325.00

G+M 83 6. IF874. 4111.00 3929.00
G'+M . 7118.00 86936.00
6,+ M 842. 14s1f. 7171.00 6875.-"0

G+M 586 46. F3• lIt,.O ,(170G,+2 80 2. 18Y'54. 1111.00 11037.00

F rG.G dO 28. I.9?2. +m5, 0 2t3.00

' TAXI 91q 756. 1C738.• 7PR. O0 3 O.,)0T+XI 9' 112. 1P930• .87.00 •l?. )0

+T,•7 3 28. 1sp78• ne•.no

9,51 84. 5?(4 1)?.0 0 11017.n0.

r+4 96 ?8. +07A1 616.C 4O 6471.00

G -M +a7 392. 8•,0 •5,';,O0 654 .1)0
ii G•M g,• 1,19R2*• I_. go ý,q O 4 .)0

F7M 28. 20G A9G 85Y4('0 7SQb. )0

101 to 84. 2161,0. Pr'4.uO 8550.00
TAYIG+M 110. ? 1,q Tl • Sr t4.00 r,5,." n

TG+M A 10 39 2206,2 S3.00 8550.00

.;.04 8 42. 1 4 9 14 -630 0

SF M 1; 04 2. 220e, 2. 94,8O 6"0.I.I0

Qi. %1*0 . I 22 ?6.1 0 6 34 71 .00

T !M 106 6. 2 10; 1. 2607,0' S,-0

G+ 117 32. 22112. 411.00 0'

!in+4 l~qtO. 2212'. 71 , 1.00 •••.O
2'. tic)p ll 7124. 71.7.'0.l 697.001)

C,. 247?m. 91 t6 .00 6027.4 0

G.+ 68 2+?3? '1123".00 n0ot. )0

f• + M0P I ,IA, ) )o8 9 010

G84m 10.k 2 ?in '. 71 4, r, 00

.U I 1• 68. 22:'25 . 8 00.00

C uO 2+ 2M258: 03O ?t71 )032.00

•F r, + M• 1t0 4. 292 2 65. (0 t, 3 I o, 0

FTAq l 119 17C, 7? 3q. 7AR,00 31 20.00

T, 121 32. 24112. 841 7100 3It.O0

TAXI 12? 4. 741753 715.00 263.00

G2M 123 711. 22786. 916.00 )88,00
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TABLE A5 (CONTINUED)

STRESS SPECTRA WITH UTILIZATION 4 FOR STUDY NO. 1

LOAD NUMBER OF NUMIBER OF SIG?4A SIGMA
BLOCK CYCLES PER CYCLES AT MAX MIN

LOAD CYCLE END OF BLOCK

(C,+. 124 02? •2878. 1006.00 S58.00
+, 129 +M 2 ?:7,08. 1.0 19. 00 829.00

r+'A 126 i4, 2 2 22. 1-"65. 00 709..)0
r +N1 127 44 j?29?6. 10q.4.00 7 70. 00

FC AG 12A 164w ?_00. Y6O, 26.45.00 89.00
TAXI 1?Q 12?016. 149I06. 798.0o 380.10
'AXI '10 90164t. 2?3470. A47. ,0 3?1 .0)0
TAY! 1 I1 320.00. ?6r??0. c) .50 ?k0 . 0o
TAXI 1"t2 869.1 27f'06?. 06/.00 2Ot.TrAY T 113 147/4. 1 C4A..,C

STt.Yl ') 34 1~ 77'' I cr,B 1. 0 P,1.10
C,+ 139 15 5ý7. 79P156 . (716.C-) 8VA.000

C, 4+' 137 63706 101'14"4 1 r i.V0 82. ;)0
f. +M 133 206.-,4. In(3b1 IS. 1065.0) 7W).00

+ M 13q 770A. I0'(35?('. ?CC4.00 770I.00
G t ,1 14') 6,6. 104449?. 1124.00 740.00
G+'4 141 1146. 1045130. 119 l . 00 711 .,)0
SG4 14?7 49?2. 104(12?. 1133.00 681.00
G+-1 143 46)2. 10if 14. 2645.00 2248.00

FIAG 1'14t 10. 1 4,( ',ft. 245 .00 343. 00
TAX I 145 2500. 1, "1'?24. I ?2?.0,') 636.00
ST •X1 146 430. 1'4'+"54. 1429.00 531l .. )0
TAYI 147 T9. lC406?4. 1517. 00 441.00
T TAXI 14R 10. 104 Ot14. 1 619 . 011 341 .010

G M 14-) 26660. 1C762q4. 1tC5.('0 1?23. 00
G .,*1 1 rn 7880 . I0 i 4 74. 15* 6. 00 12 62 . 00)
Gcm 15?1 3270. 10q'1444. 16? ,7. 00 1 401.:')-G? + 11 1 r,2 looo. iOP 1504 . I 6P8f.0O0 1140.,)k)
(M 1 3'VA). I Of P*14. 1 14 .0`1 107c).10
r .+ H 15 4 101. .I' ,'iI. 1fU 10l 7..00
G + 14 1 tic; 60. 1 o 'f ", ,. 10A71 .00 9 7. ,)0
rM + 1;6 30. I V AC?'.. 1037.00 8Rn.n
r. +M I ,7 70. 108044, 2649.00 2243 . 00Fi F C,;A G I cfj 17.1 WWIIOr 1, 6 4S . 00 168.'10

TAX) 1 3230. 109??2q Ios,. ('10 436.00
TAX I 1(i 23466 10934637. q73.C0 369.1 0
TAXI 161 890. 1009487. IC40.00 302.00
TAX1 162 34. 1095521. 1174.00 168.00
G ,m 163 29q20. I 2?441. 1251.00 1141,00G+m 164 9840. 1i34781. 12q8.00 106.1 00
(+'4 165 3672. 113799 3. 1344s00 1022.00
S(+ M 166 1ll1.0. 113<'V143, 130.000 976. 00

I M 1A7 44?. I 1" 8". I I4.00 931. 10

1 +j.4 1'1q 68. 1 1"• P• 7. 1977.00 8" a, lo
+.M 1711 34. 1 1 •c•7l. 1?13.03 0 76-4. 10

-M 17 1 17. 1 1"I3 7111. 264S.00 1q94 .,00
kF3 . A CG 172 17, 1 C' C7r•5. ?674,,.("0 5 " . O n

TAX! 173 170. 1 11'0"c" 5. 14'r, S.00 701. )0)
TAXr 174 17, 1 1 I f.. I "O0 0 .0

+ k 176 11 a4 o I 17P71 9. 2104'.00 lS5l.O0
(6'+M 177 P 1., I l23 1t 219.00 1447.00
r. + 17A I q0. I I '18 1. 23? ).00 1?37.o
C. (M 17) 442,. 1140,3. 2441.00 12?6.o0
(,.M 1.00 34. 1 19 0 7. 2;S .00 U1 1t,.,JO
C ,+ M 191 69. 1 fl141?91 2660.0,) 100,).'10
GM 183 4. 1 ll419•q. 2771.00 0G +M 18334* 1 184193. 2645.00 274800
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TABLE A6

STRESS SPECTRA WITH UTILIZATION 5 FOR STUDY NO. 1

ONE SPECTRA REPRESENTS 333.3 HOURS
Lr04D NUMBER OF NUMRER OF SIGMA SIGMA
P L riCK ET R MAX MI NA ýEBOCK

FirAG 1 110. 80. 14237.00 263.00
T AX 1 ? 60. ?240. 708.00 380.00T4AX 3 30. 29510. 847. 00 321.00
T AX T 4 80f 2640. ¢5. 100 263. O0

G +m 160, ?ARO')O. 1978.00 1890).00
S+m 160. ?960. 35582. 00 3494.' 10

74 7 240. 320,0 . 65P9.00 65,.1. ,
G, +"m 8 1 2110L 44'10. 126)4.00 12516.")0
SG+M f 63. /to,0. 12644. 00 12486.00
(+ 'A 10 11.0. t760. 12604.00 12960.(0
GM I1 40t). .160. 1?614. 00 129(,..,0i: ,+• 12I•, . ,, ?0. 12 2 ý,-4. (10 12`36.{) (
G 1 +40. 61e.0 142(07. 00 1.4 I,'".0
G'4 14 hO. 7040. 1?3 7. 00 14u8'..)0

F2GAC 15 ii 7'1S .1,147'`, 7. 00 44 1 .,)0•;G+M 44. 7Cr, 2501.00 21'9.'10
c,• 17 •. .7129,. If I . (10 392)2 . )o

G4 11 * 7161. 71 I ,. CO -) o
G +;pi I) 17t,. 73., 131 0 .O, 12950.0o<•C, * 21) 2 . 7"1 99. 131(13.00 12689•-. )0

G.M 21 154. 7c13. 1311".00 13 01. 10
0,t! 2 55. 7'S 6.9 13 1 3.(0 0 13041.0)

'A ? 22. 71')0. 1I25 4.00 13041.00
1+M 1 55. 764.5. '1?3 6.00 c 14 ý4 .,V)r, +". 2ti itl. 7e 'li,. 141 71;7. 00 14 4)3 ..-)n

2s 22. 7678. 14756.O0 14',I5 ,')0
,+m 27 22. 767A9. 14767.00 14045. )0

TAX1 2 'V 2`7. q1l3. 11 .2.0h eTh. '10
"TAX ! 20 44. 80 ý 0. I"4 ).0.
T TA+ I 3,) II. P0l I. 11 7 . 0) 441. )t)F•,. 31 P3. 8l?1 . 14,' •7.O0203.)
TMAX 1 21A-,. 10(2 P I
V AX T 33 1"). 10601. A It7. 00 321 .1)
T AX 1 14 81)4. 1", 1 . q 0 .00 263 )0,+!A 39 240 . In(? . I c?q . rn I BY•). 1•0

r, + 31 4q'). 1 14.1 I . 3582.0'1 14('4.1)0
(,M 37 qO. 114111. 361'.00 3464.,10

G.M 38 24). 11721. 6589A.00 h6(01 . 00
6+4. 19 1801. 6611,01) 6471.0o
r,+4 40 1200, 13001. 12601.00 1251r). U0
I; +m 41 160. 13161 , 1?6"3.00 124 A'i. 10

4G+m 42 1121'.. 14281. 12603.00 125519,00
4, 3 • 4 400.. 146R1. 12633.00 12559. (00G+q 44, 120. 14801. 126A62.00 1259(.00

j C,+• ki 45 ,10. 14P"1. 126qc2.00 12559.00
r, 4101 7?0. 11.01. 14'2)7. 00 14111.00i:r, +, 4 47 Il,. l t, itI . 1 4.)..s 7. 00O 14 11Il. 00

F4iA;G 4A I4 *'," ,7. 14941 .I 441.00
T AX 1 4') ,')1`. 1'A903(. 1 1'1.,)

T1 A.X. I 04 4. I'll? .00 t 1 I . 1 0
"". 96 t. i 1' 7 . "2 ? 7, .01 1i ','). '1)
r. M• 5'7 " . It I 3. 01 4 7 .0t . :) 7, ,4. 00-
G 5 +I 14 1S1 41. 1'.. 0

66 I h. It Sot. 1 •b1 .00 7 Il7i. 10

G+ II . Ii SI?. + M4S7 7. 1'0 00'.,)
.AX' ta'. 196. It.')I I i.01) 2 ',1 . -10i'"~1 1+A 1' 4t 1/e,'*3. 1 77.t 0 ) ,, 0

r, 4 60 bb. It 5 l, I!, 11 0 (No ",1
FAr, r,4 I 2.A. I1 4;. 1 h';,,t 1')0 It, 1. 1,1)

.. TAxl 63 ?¢,16 17•n,1 1 7v 3, 0 116. it)
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TABLE A6 (CONTINUED)

STRESS SPECTRA WITH UTILIZATION 5 FOR STUDY NO. 1

LOAD NUMRER OF NUMBER OF SIGMA SIGMA
BLCCK CYCLES PER CYCLES AT MAX MIN

LOAD CYCLE END OF BLOCK

TAXI 64 112. 17413. 847.00 321.')0
TAXI f 6s 28. 17441. SC5.00 2 h"t . 0
644 66 56. 174?7o Iq78.o1 C'0.00

6. 7 R4. 75P1 35t'?.00 34q .
C' ' G+'1 68 P4.7( S. (- 1 s 0 q .tr 1.00
G+M 6) 5611. 1 5. 658 .00 6545.10

+ M 70 140. lR13t 5. 661. 00 154r.0
C"G+M 71 96. IP421. 6646.00
C,.+4 72 112. 1 C" 5. Lo 5 CC.) 12051..00

c. +,÷ 74 840. °.1.4?9. 1?6)3.00 12559. }0
,+' s 1S 252. 1Lh81. 12(62.00 125

G 4\ 76 84. Ic765. l?6?2.00 12559.10
(,+M 77 28. i 713. 12721.00 12.559,10

FCAr, 7` 2. 1c7(1r. 11 11o00 441.00
TAXI 70 54. l-4,. 137?.00 636.00
T 4Y ) 8. 19857. 14?0.00 53R..)0
TAX I 81 2. 19;859. 1517.00 441 .00

82 6. 1c. 65. 2r,07. 0 232"C.00
G+M 8a 6. Ii871. 4111.00 3929.00
C 8 + A4 14. 1InA85. 7118.00 6936.00
C, + 8 \ 5 2. IcP87, 717:.O0 6875.10
GiM 86 46. I1;933. 11128.00 11037..'0$1 G '. 7 12. 1r C,4 5. 1 1011100 11037. 1)0

i•,-..•r, +'. 11 ' 4, I S o4 n. 1 1250.00 11 037. )0
"G + m 89 1 %.r I It'l 1 011 00 11037.'00

F7GAG 90 28. I'V. 7c). pf$?.00 260.30
T.X1 91 7i6. 2o735. 70iA. 0I) ? ý,). 0TýXI 9 2 112. ?(\q47. 8l47. C'O .'.11.00

TAX 1 9 ?R. ?Ot,7". (;(r1.00 2463. )0
G+ 9 94 84. 20)95.591)q.1r 7q.00 1 A.) 00
(',+m 95 04. 2104" 1. 16iP .I('0 .14 C'4. O0
(G1 + 6 26. 10 (71. 6619).00 6471.10
r,+ 4 91 60. 21131. 187l1. 0.3 57.00
r,4M 08 30?. 215)3. 6589. rO 6;45. 00S .. + 3112. 2lt• •5. E 131. n 194 5,'.10
""14 111) 28. ?1#3. f648.f(0 6945.00
r '4A 101 84. 21747. 8'jq4. Co tli flo. I1
G+m 10', 980. 2217'. 85 C.. 0 8510.,00
G'+4 10 308. 2?039;. Eh?4*..00 8550.10
G '4 W14 A4. 2'1 10 p653.00 8so0.o0
r, +4 105 7,. 2"3 147. 881. . 0 .rir0.00i.:Ff A. (I r, In• .•tl 73141)O".S1 6, 0 06,6 )0,

TF I 1,6 2. 23197. •0. W12. 00110
C, -A• I A 6 , 2 ' 1 1- 3. 2507.00 232 9. O1

C' + 104 6. 23169. 4111 .00 30?9..O
• + 11to. 7.117(). 71 1 R. On 6036. 01or',+M 1it 2.s 2 17A . 717 .00 6A75..00

("P+' 11'} 34. 23?21 5. 1l 1.00 7027.10
"3 112 8. ?22 I. 71 7'. 00 7027,10

G + ,1 114 2. 7122 . 7240.00 7027. 10
CG.' I S5 4. * 2?2 . 91 ?3.00 PC)41 .'0

60. 232119. q123.00 )03?.(O
1 8.117 1 A 2?307. q1 A4.00 q03?. 10

(•M I 1A 6. P?31 3. c(l)2o400 01 (.)o0
(r, I!') ?. 23315. 9306 .00 90,12.00

"FOr .p AG 1?o 164. 2?477n.. 2645.O R. no
TAV 1 121 72016. 4S4'05. 784.00 "1 no 10
Taxi 12' 90364. , P41.00 321,00
TAX1 123 32800. 16865q. 904.00 263.10
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TABLE A6 (CONTINUED)

STRESS SPECTRA WITH UTILIZATION 5 FOR STUDY NO. 1

LOAD NUMRER OF NUMBER OF SIGMA SIGMA

BLOCK CYCLES PER CYCLES AT MAX MIN
LOAD CYCLE END OF BLOCK

TAXI 124 8692. 17135). 964.00 204. 00
TAX! 125 1476, 1 827, 10200 146,00
TAX!I IP ?4 lql. P8.00

+ "+M I7?7 '1952. 63;A543. '76.0O 888.00
;,+m 12, 1535q4. 85?047. 1006.00 858.00

G(;:A I2'l 63 7)6 q '83. 035.00 820.00
G+M 120 ?.066.4. &r,'17. 065,00

0., 13 7718. q44?lr. O14.00 770.00
(, 1 1? rs6. q44q7t, t124. 00 740.00
G 1- 123 11R48. 94601q. 11S3.00 711. 10
G M 134 4;2. qt, rI 1. 1183.00 A6at. )0
r+M 135 492. 4 7003. 7-45. '0 2248.')0

FI r, 4Ar 13( 10. 471013. 2f45.00 34,1.10
TAXI 137 251o. o4513. 132?.0,3 616. )0
TAW.! 138 410. 94l'943. 142'¾.00 r3 .00
Tk.X1 13)' 10. 950013. 1517.CO 441.10
T, W~x 14') n.. nr2 1615.()( 341. )0

2.M 141 ?66140 ,7•,A3. 1C%5.00 1'API.o0
G.M L4? 7 fl0. 0J4r, 3. 1 lie b. fl1) 126? ) 10

+• t 143 3270. .' 7 A'3 3. 1627.00 120)1.10
4 frM 1e 1)~ C7 v' 6W 0 1. 0~ 0 H 114-). 00

(;+M 14S 30, 9 82)13. 1740.00 1079. )0
1G. 145 40. 9803?3. 18to.Oo 101t6.10

.(G+M 141 '0. ,, lql, 1917?. 00 ,.,0
G'' 140 20. VP3373. 2-45. O0 224A. )0

F2GA(; 11,11 13-. 93;386. ?ý'.45.O00181
TAXI I'1; 2541. 91(,),?7, C06.00 416.00
TAXI 1,1 1i/46. c,93773. r'73. C 0 36).00
T A-ý I 1 6h9. '9444). 1 C40.("0 302.00
TAXI 151 '7. r ,,,; (1 . 1174.00 1 68. ,0

01+14 154 23537. 0lO0O06. 1?52.00 1141.10
(k [s• 6q54. 10?4Oon. 1298.00 1003.00
GC, 1, ' 2139. 10?7449. 1344.00 1022.00
,G+M Ir f.,,,. 10' 7f. l'lO.o00 976.00

C+M Lrg 343. 1nqW•. 143. rln q3t 00Ci ,M #-m 1 y 27. 1 (17 .) 16 (',. 1 8t €, rl .cf86r. "10

G+M 160 53. 0 10 ';?. 1'5?7.00 839-.O
PG4 161 77. 107?240. 1571.00 7q3.00

(C,4+M t16? '13. 1 0?2,53. 2 V4,.00 19 84.00
SF3 C, A, 163 13. l* 9?tý. . 264; 00 509 .0
T AX 1 164 134 . 1029400. 1455.00 70L a 0d
TAXI 16 I,. 102q413,. 163.00 593.00

G+m 166 235500 1057963. 1998.00 1668.00
,,+M 167 69.54 105#917. ? 10 .. 00 1557.30
G+4 16-1 2889a 1062806. 2iIl.0(0 1447.00
G0m 16n nC3h. 1063747. 2324.00 1337.00
c) 0M 170 148. t064000. 2440.00 1226.00
Gem 171 ?7. 1' t 4117. 25q10.00 1116. iO

(+m 173 53• 1,)( 4170 e 2 6o,•,(} 00 1 00f,. 00

G4M 174 27, 1064•19. ?771.C0 g.o00
.G#4 17'. 27. 10642?4. 2645.00 2248.00
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APPENDIX B

The segmented mission profiles are presented in Tables B-1 thru B-13. The

significant flight parameters for each segment of each mission are included

in the Tables. These values were used directly in the spectra development

and fatigue analysis.
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APPENDIX C

The following shear and moment curves are the external loads that were

applied to the idealized computer model to generate internal structural

member loads. Figures Cl and C2 identify the ultimate static value for each

fuselage station which has the most positive and most negative value.

Figures C3 through C26 are the shear and moment curves for each individual

unit fatigue condition. Figures C27 through C34 are the shear and moment

curves for each individual ultimate static condition.
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